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Abstract

A progressive damage growth model, based
on a system of orthotropic nonlinear elastic rela-
tions and a set of internal state variables, previ-
ously developed by the authors and designated as
EST (extended Schapery theory, after Schapery) for
laminated fiber reinfoced composites is applied to
model the compression response of a stiffened built-
up laminated structure for which experimental re-
sults are available. The mechanics of damage initi-
ation and growth in a single lamina is modeled in
a 2D plane stress setting. Damage evolution is con-
trolled via the solution of a thermodynamically con-
sistent set of equations at each load step in conjunc-
tion with a criterion for compressive fiber kinking in
the zero plies. The commercially available finite el-
ement (FE) analysis package ABAQUS was used to
perform the numerical simulations. A user defined
material (UMAT) was written for the EST material
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constitutive behavior which was used with the exist-
ing finite element library in ABAQUS. Good agree-
ment between experimental results (for load-panel
end shortening, panel surface strains, out-of-plane
buckling displacements) and the FE results is re-
ported for the case of a notched axially compressed
stiffened panel.

1 Introduction

Development of computational methodolo-
gies for the prediction of progressive damage growth
in continuous fiber composite laminates is presently
an active area of research. Available predictive
methods use pre-defined strength criteria at the lam-
ina level. Based on critical values for tensile, com-
pressive and shear ‘strengths’, these methods com-
pute damage indices that are expressed in functional
form in terms of the current stress state. When any
of these indices exceeds a critical value, the material
is said to have failed [1]. Beyond initial failure, a con-
sistent and rigorous methodology to account for pro-
gressive material deterioration has not been investi-
gated thoroughly. An exception to this is the study
by Schapery and Sicking [2]. Schapery and Sicking[2]
carried out lamina level tests, and validated the test
results by developing a thermodynamically based
progressive damage formation and growth model.
They assumed that the fiber direction response is
essentially linear (slight elastic nonlinearity in the
fiber direction was accounted for), but, damage (mi-
crocracking and transverse cracking) formation af-
fects the response in the transverse direction. Con-
sequently, internal state variables that are related
to the damage mechanisms in the transverse direc-
tion were identified and evolution laws that specify
the growth of damage and hence its influence on the
transverse direction response were prescribed. In the
present paper, Schapery’s theory (ST) is extended to
account for fiber direction damage (both, in tension
and compression) by identifying an additional in-
ternal state variable associated with the fiber direc-
tion response. This extension, referred to as the ex-
tended Schapery theory (EST) has been successfully
applied to study the damage growth and evolution
in notched unidirectional plates by the authors[3].
The present paper is concerned with the application
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of EST to study damage initiation and growth in
a axially compressed stiffened stitched panel which
has been investigated by [4].

In unidirectional lamina, transverse direction
damage accumulation results in progressively de-
creasing but smooth variations in instantaneous tan-
gent moduli. In contrast, damage accumulation
in the fiber direction leads to non-smooth abrupt
changes in the corresponding moduli. These changes
must be properly captured if progressive damage
growth in fiber reinforced composite laminates is to
be modeled accurately.

Coupon level tests in the fiber direction,
transverse to the fiber direction and off axis tests
are commonly used to obtain material behavior at
the lamina level. These tests supply a complete re-
sponse (stress-strain) curve (usually non-linear) with
valuable information beyond the proportional limit.
The present theory (EST) is based on input that uses
only these measured and available test data in con-
junction with the laminate stacking sequence and ge-
ometry of the problem configuration. Thus, the EST
introduced here uses readily available coupon level
experimental input. In using the methodology intro-
duced to predict damage growth in a general lami-
nate, it is assumed that the laminate is built-up as
a stack of lamina. Each lamina is modeled as a non-
linear elastic, homogenised, orthotropic layer that
can undergo damage. Nonlinear elastic behavior is
depicted via three polynomial functions of strain.
Two of these functions describe the ratio of secant
moduli in fiber and transeverse directions with the
initial values of the respective moduli, without dam-
age. The third function describes the behavior of
poisson’s ratio. Damage is incorporated via three
internal state variables (ISV). These ISV’s represent
the ‘thermodynamic forces’ to change the state of a
material system. Evolution laws of these ISV’s in-
corporate work considerations and thermodynamic
requirements, such as, increase in entropy.
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2 Theoretical Development

2.1 Schapery Theory - Damage Mod-

eling Through Internal State
Variables

Even though elements of EST are described
in [5], for completeness we provide the reader with
the necessary background to use EST. Schapery [6]
developed nonlinear elastic consitutive relations us-
ing a work potential approach which accounted for
the effect of microdamage in composite lamina. In-
dividual internal field variables (S;) were used to
characterize and monitor the progress of each of the
damage modes present for a laminated composite.
These ISVs represent the nonrecoverable portion of
the total energy (Figure 1). Evolution laws for the
ISVs can be obtained by comparing the ‘thermody-
namic force’ required for progression of a damage
mode in the undamaged material system (equation
1) with the energy available for damage growth at
every stress state (equation 2).

oWy
fi= a5, (1)
_ow
fi=- 25, (2)

where, W, is the total nonrecoverable portion
of total energy and W is the total energy of the
system at a particular stress state. Each ISV, would
also have to satisfy the non-positive rate of entropy
change (equation 3) as ‘healing’ is not allowed for
the class of materials considered here.

Y 8i>0

In ref [2], two internal state variables (S, and
S.) were modeled and necessary modeling charter-
istics were developed for a carbon-fiber reinforced
composite laminate system. Fiber direction elastic
modulus (E;;) and principal poisson’s ratio (v12)
were considered to be unaffected by these ISVs.
Only the transverse modulus (Fs3) and shear modu-
lus (G12) change with the progression of damage as
considered in [6].

3)
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2.2 Fiber Direction Damage - Ex-
tended Schapery Theory (EST)

The theory presented in [6] is for a contin-
uous evolution of the stress-strain relations in the
damaging material. It needs to be extended to to
incorporate post-kinking response (compression) or
post-fracture response (tension), where the instanta-
neous material moduli undergo abrupt changes. The
salient features of the fiber direction response of a
unidirectional lamina are shown in figure 2. These
features have been observed by a number of reseach-
ers and the reader is referred to ([7]- [10]), for ex-
perimental evidence.

A new ISV associated with fiber direction
damage is introduced in [5] to incorporate response
beyond kinking (compression) and fiber fracture
(tension). It has been observed in laboratory tests
that a material behaves differently for tensile and
compressive loading along the fiber direction. While,
local fiber microbuckling/kinking due to the pres-
ence of local imperfections is the main mode of fail-
ure in compression, tensile failure is due to fiber
fracture, appearing as cracks perpendicular to the
loading direction.

W, =Su+ S+ 8, (4)

G127is

W = Qu1l11 + Qa2los + v12Q22 11 I + (5)

where, I;; are functions of strain (for further
discussion about I;;s, refer to [2]).

€1

I11 = /€1d61
0
€2

I22 = /Ezfzdfg
0
€1

I]_ = /f12d61
0
€2

Ig = /f2d62
0

(6)
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The tensile response shows a clear loss of stiff-
ness at failure and the residual stiffness and strength
diminsh to zero immediately after failure. The
compressive response shows the presence of residual
strength after failure giving an impression of trans-
forming into a different new material. That is, if
the material is unloaded immediately beyond fail-
ure and re-loaded, then it appears to carry load, al-
beit, at a reduced stiffness. Furthermore, the max-
imum strength of the post-kinked material appears
to be bounded by a plateau stress. We note that Ra-
jagopal et al, [11] have established a general thermo-
dynamic framework to address material microstruc-
ture evolution in a finite strain setting, with appli-
cation to a variety of phenomena ranging from scis-
sion in polymers to thermal degradation in rubbery
solids.

The ISV, S, represents the inelastic behav-
ior in the fiber direction due to compressive kinking
or fiber fracture. Hence, S, is not present in the ini-
tial elastic regime. It can be computed from the ma-
terial stress-strain curve under compressive loading
in the fiber direction (figure 3). Once kinking (com-
pression) or fiber fracture (tension) occurs, S,, takes
a finite jump. The finite jump in S, in compression
is termed the kinking toughness and is a material
property that is unique to a fiber reinforced lamina.
A set of laboratory scale experiments can be carried
out to systematically measure this quantity. S, is
related to the fiber direction secant modulus, E;; via
relations similar to the moduli in other directions.

E11 = E11,h(Sw) (7)

Using equations ( 1, 2 and 4) we can obtain
the S, evolution law at every state of strain as,

E
I11g - _1

5., (8)

3 Application of EST - Stiff-
ened Panel with a Notch

Experiments on a stiffened, stitched, thick
composite laminated panel were conducted at NASA
Langley Research Center ([12]). Finite element
based numerical simulations of the experiments were
performed using Hashins’ criteria ([13]) and Chang
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and Lessards’ ([14]) property degradation model, as
reported in [4]. The numerical simulations were car-
ried out using the finite element package ABAQUS.
In [4] results are presented for the compression re-
sponse of three centrally notched panels with differ-
ent notch angles. In particular, numerical results
were presented for the applied load-end shortening
response, (the P — A curve), out of plane deflec-
tion at the center of the panel as a function of A
and, surface strain values at selected locations. The
locations coincided with the sites where strain gage
readings were recorded during the panel compression
tests. The agreement between experiment and pre-
diction was good, however, several adjustments to
the strength values adopted in the property degra-
dation model had to be made in order to incorporate
the effect of stitching on altering the fiber direction
compressive strength value, ([4]).

3.1 Geometry

The EST material model introduced in the
previous section was numerically implemented to
generate results that can be compraed against the
experimental results reported in ([4])for the com-
pression response of a panel with a notch angle of
a = 15° (P-15). Figure 4 shows the problem ge-
ometry with salient features. Finite element mesh
of the problem is shown in Figure 5. Three stiffen-
ers are stitched to one side of the panel skin with
Kevlar stitches. A central notch is cut at the cen-
ter of the panel through the central stiffener. Dis-
placement boundary conditions at the ends of the
panel were used to apply far field loading. Ends of
the panel were subjected to fully clamped boundary
conditions. The sides of the panel were assumed to
be simply supported (out-of-plane) and allowed to
freely displace in the in-plane directions. This simu-
lates the anti-buckling restraints used in the experi-
ments reported in [4].

3.2 Material Model

In the commercially available FE code
ABAQUS, it is possible to introduce user defined
material behavior through user written subroutines.
To that end, the user needs to provide the incre-
mental stress-strain relationships or the material ja-
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cobian (J) and update the stress and/or any internal
state variables to their respective values at the end of
each increment. The ABAQUS finite element solver
calls this user subroutine at every material point,
where the user defined material option is included

([15))-

The material data for the present study were
obtained from [4] and are given in Table 1. The
material is modeled as a homogenised orthotropic
nonlinear elastic material obeying EST. The panel,
P-15, consists of nine stacks of material stitched to-
gether by stitches. Each stack has seven loosely
tied plies having a lay-up of [45/ — 45/0/90],. The
0—deg orientation plies in the panel skin were made
of IM7C/3501-6. All the other plies in the skin were
made of AS4/3501-6 material system. For stiffen-
ers, all plies are made of AS4/3501-6 material sys-
tem. Relevant geometric data are tabulated in Ta-
ble 2. The material parameters needed to model
the panel materials as EST materials were obtained
from ref [2]. Representative data for the 0—deg layer
are shown in Table 3. Detail discussion of obtain-
ing these parameters are given in [5]. No attempt
was made to accomodate local effects of the stitches,
due to lack of detailed knowledge pertaining to the
effects of stitches in altering the zero ply properties.

3.3 Element and Analysis Type

The existing element library of ABAQUS ver-
sion 6.3 was used to model the panel for the analy-
ses. Reduced integration bi-linear four noded shell
elements, S4R5 and three noded shell elements, S3R
were used. In ABAQUS, one single shell element
can be used for through the thickness modeling of a
complete laminate by specifying the individual layer
thicknesses and orientations in the element section
definition in the ABAQUS input file. Each layer
would have 3 — 5 integration points through the
thickness for section property computation. This ap-
proach leads to extensive computational cost when
applied to a ‘thick’ laminate containing more than 48
plies. A shell element superposition method as pro-
posed and used in([4], [16]) was used to model the
laminated panel. Mesh parameters are tabulated in
Table 4. The out of plane bending effects were ac-
comodated by using five integration points through
the thickness. In order to verify the efficacy and
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accuracy of this modeling process, an example sim-
ulation of the response of a square laminated panel
subjected to transverse pressure was simulated us-
ing the shell element superposition method and the
standard approach (via classical lamination theory -
CLT). The superposition method was as accurate
as the solution produced through CLT. Thus, in
large scale problems, the superposed shell element
approach is more efficient, as has also been reported
in [4].

4 Discussion of the Numerical
Results

Numerical data for the panel behavior under
inplane compressive loading are presented in this
section. The P — A curve compared against ex-
periment is shown in Figure 6. The fiber direction
stress-strain curve for this case is shown in Figure 7.
Two curves are shown in this figure and labeled as
case 1 and case 2. In case 1, the fiber direction kink-
ing strain is 0.01 with a plateau stress value that
is 50% of the maximum strength, whereas in case
2, the kinking strain is set to 0.006 with a plateau
stress that is 35% of the maximum strength. It is to
be noted that the fiber direction strength and stiff-
ness values are scaled appropriately to reflect the
methodology used in the superposed shell element
formulation. Other implementation details of the
EST are reported in [3].

Experimental data for the panel reported
in [4] shows a substantial loss of inplane stiffness
around an applied end shortening of 0.09 inch. Also,
there is sharp drop in resultant load around 0.125
inch of applied end shortening. The present EST
based simulation captures the inplane response but
is not able to reproduce the change in slope of the
P — A response. This is attributed to the fact that
EST assumes a kinking strain value for the zero plies
that is fixed at 0.01, for case 1. Ideally, the zero
ply kinking strain should be a function of the lo-
cal state of the material, so that degradation of the
transverse properties at a material point does in-
fluence the local value of the kinking strain. This
local coupling between the kinking strain and the
degraded transverse properties can be incorporated
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in the framework of the present EST formulation,
however, this aspect is the subject of future work. It
is to be noted that such coupling cannot be incorpo-
rated in a property degradation scheme such as the
Chang and Lessard scheme [14]. A seperate anal-
ysis (case 2), was performed holding all other vari-
ables fixed but changing the value of kinking strain
to —6000 p strain and the plateau strength to 35%
of the kinking strength. The results obtained with
such a set of parameters are also indicated in Fig-
ure 6. The reduction in kinking strain leads to a
larger volume of kinked material and, as a result,
the overall axial stiffness of the panel is degraded.
This degradation is also influenced by the plateau
strength. Ideally, the kinking toughness, [3] remains
fixed, thus, this provides a way to change the salient
features of the fiber direction stress-starin reposne
while holding the kink toughness (area under the
stress-strain curve) fixed. The degradation in the
panel axial stiffness occurs gradually and also af-
fects the out-of-plane displacement response. In the
experimental results reported in [4], it is mentioned
that the damage zone was observed to reach a par-
ticular location near the notch tip at approximately
—5500 p strain.

In figure 8, the out of plane displacement (w)
is plotted against the applied end shortening. This
figure is significant in the sense that, it clearly shows
the effect of inplane stiffness loss on the out of plane
motion of the panel. As can be seen, the center of
the panel moves out from the unloaded configuration
with applied compression. Then, as the end short-
ening reaches the point where a substantial change
occurs in the inplane stiffness, the panel is not able
to maintain its curvature anymore. With further ap-
plication of load, the panel reverses its curvature at
the center indicating local stress redistribution and
stiffness loss. Again, EST with a kinking strain of
0.01 is not able to produce this feature in the out-of-
plane displacement reponse. However, the lowering
of the kinking strain criterion is able to capture the
trend in panel behavior adequately. Exact reproduc-
tion of the experimental behavior is not achieved,
perhaps due to the fact that other panel features
such as stitch geometry and stitch placement have
not been accounted for. A more refined model that
includes these aspects as well as the effects of cou-
pling between the fiber direction and the transverse
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direction may be able to produce better correlation.
It is interesting to note that kinked elements undergo
cycles of loading, unloading and further re-loading,
thus capturing an essential feature of problems in-
volving damage growth. That is, unlike the prop-
erty degradation schemes reported in [14], a material
point that undergoes kinking is still able to transmit
stress in the post-kinked regime. In the scheme by
[14], once a materail point is damaged, then it con-
tributes no further to the stiffness of the panel.

Axial strain (e11) data are also simulated and
plotted for five different locations, ahead of the notch
tip. These locations were chosen such that they fall
in the path of possible damage growth. These posi-
tions are shown in Figure 9. Strain data for these lo-
cations are plotted in Figure 11. A sudden increase
in compressive strain indicates damage growth (or
progression) through the observation point. It is
seen that EST predictions (both cases) are able to
model these responses fairly accurately.

5 Conclusions

A progressive damage growth model is pro-
posed and applied to simulate the initiation and
progression of damage in a stiffened stitched panel
under inplane compression. The panel material is
assumed to be governed by the extended schapery
theory (EST). Details of EST have been reported
before [5]. Comparison between experimental mea-
surements and numerical predictions for the load vs.
end shortening reponse, the out-of-plane displace-
ment vs. end shortening reponse and the surface
strain vs. end-shortening response showed that EST
is capable of reproducing the salient features of the
panel response. Refinements to the model that in-
clude coupling the fiber direction kinking strain with
the local values of the degraded material properties
is left for future work. The effect of kinking strain
was investigated and it was shown that lowering of
the fiber direction kinking strain to a value that con-
forms to the measured panel surface strains led to
better agreement between experiment and predic-
tion.
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Thicknesses inch
0% ply 0.01285
459 ply 0.00633
90° ply 0.007018
Stack 0.058
Panel Skin 0.535
Stiffener Flange 0.46
Length 43.0
Width 19.0
Inter Stiffener Distance 7.00

Table 2: Dimensions of the panel, ref [4].

Exponent f1 f2(comp) | fa(tens) f12
0 1 1 1 1
1 4.420 5.513 -5.513 -15.0881
2 -79.478 | -53.0287 | -81.9058 | -575.623

Fiber system

AS4

IM7C

Orientations 0 45 90 0

Moduli
EL, Msi
ET, Msi
GLT, Msi

V12

15.30
1.60
0.8
0.34

15.04
1.60
0.8
0.34

14.87
1.60
0.8
0.34

1.60
0.8
0.34

15.04

Table 3: Parameters needed for EST modeling [2]

(representative, 0° layer).

Thickness Fraction

0.443

0.2175

0.122

0.443

Table 1: Engineering Properties for the panel mate-

rial, ref [4].

7

Mesh Parameters | Mesh for P-15
Nodes 14576
Degrees of freedom 87456
Elements 57480
Types of elements 53, 54

American Institute of Aeronautics and Astronautics

Table 4: Element and Node data for the mesh used
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