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ABSTRACT

Study of RF Plasma Technology Applied to Air-Breathing Electric Propulsion

by

Adam Shabshelowitz

Chair: Alec D. Gallimore

Satellites in low Earth orbit experience an aerodynamic drag force due to the finite den-

sity of gas in the thermosphere. Left unchecked, this drag force acts to reduce satellite

altitude, eventually causing re-entry. To maintain a satellite in its intended orbit, an on-

board propulsion system is typically implemented to counteract the drag. The initial satel-

lite mass delivered to a particular orbit is fixed by the launch vehicle, and the propulsion

system requires a significant portion of this mass to be allocated to propellant. These and

other altitude-dependent factors strongly affect spacecraft design and cost of the mission.

Electric propulsion systems use electric and magnetic fields rather than chemical energy

to accelerate propellant to high exhaust velocities. The physical mechanisms that produce

thrust are independent of propellant species, and so the ambient gas in the thermosphere

may be used as propellant. However, the atmosphere consists of gases that are not typically

used in electric propulsion systems, and previous studies have shown that operating with

these gases may reduce thruster performance and lifetime. Radio frequency (RF) plasma

systems are used by the semiconductor manufacturing industry to efficiently create a dense

plasma source from a wide variety of gases, and therefore may be capable of increasing the

performance of electric propulsion systems operating with atmospheric gases.

xxiii



This dissertation presents an experimental investigation into the use of RF plasma in

an air-breathing electric propulsion system. Based on the requirements for such a system,

two novel thrusters are tested in the laboratory. The first thruster uses only RF power and

a magnetic field to create thrust. The second is a two-stage thruster that uses an RF ion-

ization stage to increase the propellant utilization efficiency of a traditional Hall thruster.

Thruster performance measurements are presented in the context of an air-breathing sys-

tem, as well as plasma probe measurements of the exhaust to characterize the major loss

mechanisms. The results suggest that an air-breathing satellite is feasible with currently

available technology.
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CHAPTER 1

Introduction

On October 4th 1957, the launch of Sputnik by the former Soviet Union marked the be-

ginning of the Space Age. Today, only 55 years later, the satellite industry operates nearly

a thousand spacecraft in orbit around the Earth, employs over 240,000 people in the United

States, and earned $177 billion in revenues in 2011 [1]. Satellites have become a part

of everyday life, playing essential roles in personal navigation, global communications,

weather prediction, and emergency response. For scientists, satellites are an essential tool

for investigating deep, far-reaching questions like how the universe began, and practical,

close-to-home questions like how solar activity affects the power grid on Earth. Satel-

lites are produced in many shapes and sizes, and the rise in popularity of inexpensive,

university-built nano- and pico-satellites demonstrates an interest in exploring innovative

uses for alternative satellite form factors [2].

Although the density of the atmosphere decreases with increasing altitude, satellites

in Low Earth Orbit (LEO) experience an aerodynamic drag force. This drag force causes

satellites in LEO to fall toward the Earth, and eventually burn up in the Earth’s atmosphere.

On-board propulsion systems are generally employed to maintain LEO satellites in their

intended orbit. These propulsion systems all fall under the category of rockets. One down-

side of rocket systems is that they must store all of the propellant on the vehicle. Since

satellites are not typically refueled in space, the usable lifetime of a state-of-the-art LEO

satellite is fundamentally limited by the amount of propellant that it initially carries with it
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during launch. Launch vehicles can only deliver a fixed amount of mass into a given orbit,

and so the mass of propellant required for a specific satellite lifetime directly takes away

from mass that could be dedicated to other subsystems, including the payload.

Because the total amount of mass that a spacecraft may use for its entire mission dura-

tion is set by the launch vehicle, In-Situ Resource Utilization (ISRU) is critical for a long-

term space exploration program that ventures beyond LEO [3]. Recent ISRU demonstration

activities at the National Aeronautics and Space Administration (NASA) have focused on

the production of oxygen from lunar regolith, which is useful both for sustaining astronauts

and fueling a lunar launch vehicle [4]. Earlier studies have also considered using the gas

in the Earth’s upper atmosphere as a resource [5]. In LEO, the atmospheric composition

is mostly nitrogen and oxygen, which are useful both for life support and potentially for

rocket propulsion. The development of ISRU capabilities will yield enabling and sustaining

technologies for future space missions.

1.1 Motivation

Satellites are purpose-built to perform a particular set of tasks, referred to as the mission.

Many engineering trades must be considered when designing a spacecraft to fulfill the

specific mission objectives. Typically, there is more than one system architecture that will

fulfill all of the requirements for accomplishing the mission, but the most desirable solution

is the one that accomplishes all of the goals of the mission at the lowest cost. As the well-

known textbook Space Mission Analysis and Design (SMAD) states, “Space is expensive.

Cost is a fundamental limitation to nearly all space missions and is becoming more so” [6].

It is therefore important to investigate concepts that may have a profound impact on cost.

Based on publicly available information for one of the least expensive launch vehicles, the

Space Exploration Technologies (SpaceX) Falcon 9, the cost-per-mass to LEO is currently

approximately $4,100 per kilogram [7].
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Some aspects of mission design for all satellites are altitude-dependent. For example,

for a given launch vehicle and orbit inclination, more mass can be launched into a lower-

altitude orbit. Assuming that the total launch vehicle cost is independent of the orbit,

choosing a lower altitude for a particular mission will allow for a more massive spacecraft,

thereby reducing the cost-per-mass of the satellite. This effect is stronger for smaller launch

vehicles. Since smaller launch vehicles tend to be less expensive than larger ones, the

largest reduction in cost will be realized by using a small launch vehicle in a low orbit.

Many LEO satellites are used for Earth observation. An important figure of merit for

observation is the ground resolution, X ′, which is the length scale of the smallest feature

that the satellite can image on the ground. The ground resolution is physically limited by

the aperture diameter of the optics, DA, the wavelength of light being observed, λ, and the

satellite altitude, h. The diffraction-limited resolution is given by Eq. 1.1 [6], where all

variables are in units of meters and the constant factor of 2.44 is two times the first zero of

the Bessel function of the first kind.

X ′ = 2.44
hλ

DA

(1.1)

This means that the minimum diameter of the optical instrument for a required ground

resolution linearly decreases with decreasing orbit altitude. One study estimated that

the cost of large, space-based telescopes scales with the square of aperture diameter

(i.e. Cost ∝ D2
A ), and so a reduction in the required aperture size would likely yield sig-

nificant cost savings even for a smaller optical system. The Super Low Altitude Test Satel-

lite (SLATS) was developed to take advantage of this property [8]. The Japan Aerospace

eXploration Agency (JAXA) is planning to launch SLATS in 2013 [9], showing that there

is potential long-term interest in developing satellites that operate at lower altitudes. Other

performance gains, such as increased communication signal-to-noise ratio and strategic ob-

servation advantages, have also been cited as benefits to operating at lower altitudes [10].
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Risk is another major consideration for satellite mission planning. The impact proba-

blility of a piece of debris with a spacecraft, PC, can be estimated using Eq. 1.2, where nd

is the density of debris objects, Ax is the collision cross-section, τm is the mission duration,

and vrel is the relative velocity between the spacecraft and the debris [6]. There is a high

probability that most spacecraft will encounter micrometeoroids and small orbital debris

during their operational lifetime, and so passive shielding is used to protect the spacecraft

components.

PC = 1− e−ndAxτmvrel (1.2)

Orbital debris populations (a.k.a. “space junk”) in LEO significantly increase with al-

titude up to about 1000 kilometers, as shown by Fig. 1.1 [11]. This is particularly trou-

blesome in high-inclination orbits, which are greatly valued for Earth observation mis-

sions [12].
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Figure 1.1: Density of orbital debris objects larger than 10 centimeters. The known debris
environment at the beginning of 2007 and projected debris populations after 200 years are
shown, including the effects of post-mission disposal (PMD) and active debris removal (ADR).
The plot indicates that PMD must be observed and five LEO objects must be actively removed
(ADR05) in order to keep the future LEO debris environment stable. [11].
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Debris populations will naturally increase when there is enough debris is in orbit such

that collisions between the pieces of debris occur more frequently than the pieces re-enter.

The collisions cause the pieces of debris to break up into more, smaller fragments, and the

smaller fragments may still be large enough to cause significant damage to a spacecraft.

Recent studies have shown that the current debris population is sufficiently large that it will

continue to increase, even if there are no more launches in the future [11]. Thus, another

benefit of operating a satellite in a lower altitude orbit is a significant reduction in the risk

of an on-orbit collision with an uncontrolled object. If the risk of collision is sufficiently

reduced, this could translate to an increase in payload mass by eliminating the need for pas-

sive shielding used to protect the satellite. Operating at a lower altitude will also naturally

dispose of the satellite in Earth’s atmosphere rapidly at end-of-life, and would therefore be

far less likely to contribute to the long-term problem of debris population growth.

One disadvantage to operating at a lower altitude is that the atmospheric drag increases

significantly. If a satellite operating in a circular orbit below 300 kilometers does not com-

pensate for drag, it is likely re-enter the Earth’s atmosphere within a few months [6]. If the

spacecraft does constantly compensate for drag, a large portion of the launch mass would

necessarily be allocated for propellant to appreciably extend the satellite lifetime. The re-

quired mass of propellant mitigates any gains discussed above, and this one disadvantage

is the main reason why there are almost no satellites operating in such low orbits.

The increased drag is due to an increase in ambient gas density. To counter this increase

in drag, one way that a satellite could be sustained at lower altitudes without having a high

propellant mass fraction at launch is by using the ambient gas as propellant for an on-board

propulsion system. This type of a propulsion scheme is referred to as an air-breathing sys-

tem, even though the chemical composition of the gas in LEO may be different than that

found on the Earth’s surface. The development of an air-breathing propulsion system for

satellites also has the potential to effect a significant cost reduction to satellites, especially

for Earth-observing LEO missions.
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The cost savings would be realized by extending the useful lifetime of satellites in very

low LEO orbits, thereby allowing launch vehicles to deliver a greater amount of mass into

orbit. Lowering the orbit also reduces the size of observation instrument required for a

given ground resolution. If the propulsion system is able to produce more than the mini-

mum thrust necessary for station-keeping, it may also enable high-∆v maneuvers, such as

orbit inclination changes, without a reduction in payload mass or spacecraft lifetime. The

development of an air-breathing spacecraft would also provide a strong example of the ben-

efit of ISRU without requiring the large budget and risk associated with missions beyond

Earth’s orbit. In addition, it would allow greater access to very low LEO altitudes for scien-

tists. This part of the thermosphere interesting because is not currently well-characterized.

1.2 History of Air-Breathing Spacecraft

Concepts for using ambient gas in the upper atmosphere as rocket propellant are nearly

as old as Sputnik. In the 1960s, solar cells were only about 12% efficient [13] and it was

anticipated that nuclear reactors would be tested on-orbit within the decade [14]. So, early

studies focused on the feasibility of higher-power systems. The later development of more

advanced propulsion systems has led to a revival of interest in the past decade, with much

of the recent work focusing on inlet and thruster design.

1.2.1 Early Studies

The first published studies analyzing the potential for air-breathing orbital vehicles

came about in the late-1950s, and attempted to determine the optimal vehicle parame-

ters for the accumulation of air [5, 15, 16]. The vehicles would be stationed in LEO and

used as propellant depots for refueling lunar or interplanetary vehicles that were coming

from the Earth’s surface. These studies mainly pointed out the characteristics of the power

and propulsion systems that would be necessary and/or optimal for operation, which were
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within reach of current technology, but not readily available at the time.

In 1959, Sterge Demetriades, a research scientist at Northrop Corporation, described a

Propulsive Fluid Accumulator (PROFAC) that was intended to operate at 85–120-kilometer

altitudes, and collect 400 kilograms of air per day for every square meter of inlet area [5].

He suggested that solar power could make the PROFAC feasible above 150 kilometers, but

that the idea is not economical above 130 kilometers, and so the baseline design would

use a 1958 state-of-the-art 6-megawatt reactor in an 11-ton vehicle at 100 kilometers to

collect 43 tons of air every 100 days. Demetriades also suggests that a larger PROFAC

system could be used for lunar travel with a nuclear thermal rocket, or that the accumu-

lated air could be transferred to a separate vehicle to be used as oxidizer with hydrogen

lifted from the Earth’s surface. Demetriades noted that it would be necessary to design a

Magnetohydrodynamic (MHD) accelerator to use as a thruster for the PROFAC in order to

achieve the exhaust velocity required to compensate for drag with the collected nitrogen as

a propellant [5].

Around the same time that the PROFAC concept appeared, Felix Berner and Morton

Camac of the Avco-Everett Research Laboratory described a similar “air scooping vehicle”

that would operate at altitudes from 75 kilometers up to and above 170 kilometers [15].

They gave a more thorough mathematical treatment of the problem than Demetriades, in-

cluding technical details, such as the required heat flux rejection, and consideration of the

“breakeven time” after which an air scooping system gives an economical advantage over

a conventional vehicle. They found that the optimum collection vehicle for circular orbits

would require a propulsion system with a specific impulse of approximately twice the or-

bital velocity, or Isp ≈ 1600 seconds. They also noted that the break even time strongly

depends on the specific weight of the power system and launch costs (they estimated that

launch costs will be $100 per pound-mass to LEO in the future). They concluded that nu-

clear reactors would be appropriate for 100–110-kilometer altitudes, and that the vehicle

would reach an economical break even time after only 10s–100s of days, even in the case
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of low specific power. Like Demetriades, they concluded that an efficient accelerator for

nitrogen must be developed in order to make the concept possible, with arcjets of the time

having too low of an efficiency and gridded ion engines having too low efficiency at the

ideal specific impulse [15].

A. Zukerman and C. B. Kretschmer from the Aerojet-General Corporation instead stud-

ied the feasibility of using chemical energy stored in the upper atmosphere as fuel for a

ramjet [17]. The concept relies on the fact that atomic oxygen is the majority component

of the atmosphere above 100 km, and that atomic oxygen recombination is an exothermic

reaction. They gave a detailed treatment that deemed this concept to be infeasible without

the addition of auxiliary propellant. They also examined whether the heat could be trans-

ferred to an on-board coolant fluid that could be expanded through a nozzle to produce

thrust, but found that there is no advantage to using this concept over a traditional chemical

propulsion system [17].

Finally, Aleksander Dolgich presented early Soviet research of the 1960s regarding

air-breathing satellites. His work mainly summarized ten papers that appeared in Soviet

journals. Dolgich focused mainly on the power required for the concept, and he found

that a satellite optimally employing a low-thrust, air-scooping space engine is capable of

carrying a payload up to 2.5 times greater than one without such a system [16].

1.2.2 Other Applications

Although the work in this dissertation focuses on applications in very low LEO, it is

worth noting that similar concepts to air-breathing or atmospheric scooping vehicles have

been proposed for much more ambitious programs. One can envision different missions

that may be able to achieve a sustainable air-breathing platform, and which present differ-

ent engineering challenges for different locations. For example, the air-breathing concept

would not be physically possible at the moon because there is no appreciable atmosphere.

Compared to Earth, Mars is slightly less massive, has a much thinner atmosphere, and a
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lower intensity of available sunlight. Around Mars, both the drag and the mass available

for use as propellant would be significantly smaller, and a mission that uses solar power

would require larger solar panels. So, a detailed analysis would be required to determine

whether current technology might satisfy the power and propulsion requirements for an air-

breathing Mars mission. Another interesting body to study might be Saturn’s moon Titan,

which is much less massive than Earth, yet has a thicker atmosphere [18].

Perhaps the most ambitious air-breathing-like concept is the “interstellar ramjet” pub-

lished by Robert Bussard of the Los Alamos National Laboratory in 1960 [19]. Bussard’s

vehicle would ingest interstellar gases, which would undergo nuclear fusion, and then be

expelled to produce thrust. This idea was popularized in a science fiction novel titled Tau

Zero that described an interstellar mission undertaken by fifty people from Earth [20]. An

interesting side note is that Bussard’s concept is relatively insensitive to starting velocity,

and so a large rocket is not needed to accelerate the interstellar vehicle to near light-speed

prior to ignition of the fusion ramjet. An actual mission requires a very large vehicle that

would be difficult to construct, but as Bussard aptly stated in his conclusions, “nothing

worthwhile is ever achieved easily” [19].

Bryan Palaszewski of the NASA Glenn Research Center presented purely conceptual

missions for extracting resources from the atmospheres of the outer planets [21]. The ma-

jor focus of his work was the mining of Helium-3 for fusion energy sources, but he also

noted that many natural resources may be extracted for life support and building materials

to sustain permanent establishments in the outer solar system. Two of these concepts use

“scoopers” and “cruisers” to skim materials from the atmospheres of the gas giants. Al-

though this concept would require a more detailed treatment depending on the particular

application, it suggested that harvested atmospheric gases would likely be the source of

propellant for transporting the mined materials.

Michael Minovitch described an overview of a transportation system that uses Berner

and Camac’s air scooping vehicle to enable re-fueling of a high-mass orbital transfer ve-
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hicle [22]. The concept relies on beaming microwave power between ground antenna ar-

rays and the orbiting vehicles to enable an economical “interorbital transportation system.”

The propellant-accumulating vehicle that Minovitch proposed would operate at 100–110-

kilometer altitudes, and so the incoming air flow would flow through intense shock waves.

The shock waves would ionize a large fraction of the flow, and so Minovitch proposed

that the vehicle could use an MHD generator to extract electrical power from the incoming

ionized air. This electrical power would then help to power the compression and lique-

faction equipment as well as the MHD accelerator that produces thrust for the vehicle.

The system Minovitch imagined is quite large, with the MHD generator producing up to

300 megawatts, and the vehicle accumulating a net 4000 kilograms of air per day through

a 50-meter diameter air scoop. Minovitch preferred to attain the highest specific impulse

possible, and so the MHD accelerator was designed to consume 30 megawatts of power at

a specific impulse of Isp = 3000 seconds [22].

In 2004, Julien-Alexandre Lamamy explored the benefit of Propellant Production in

Mars Orbit (PPIMO) for a robotic sample return mission. Mars missions typically use aer-

obraking maneuvers to reduce the spacecraft speed upon arrival, and so Lamamy proposed

that during these maneuvers the spacecraft could both collect ambient carbon dioxide and

generate heat. The heat would be used to drive chemical reactions between the collected

carbon dioxide and hydrogen carried from Earth. The products of the PPIMO system could

be used to re-fuel a rocket propulsion system. Lamamy concluded that utilizing PPIMO

with a chemical propulsion system offers a practical benefit over an electric propulsion

system when a short trip duration is required [23].

1.2.3 Recent Work

The early studies described above focused on determining the appropriate performance

parameters for air-accumulating vehicles, and especially noted the requirements for the

power and propulsion systems that would make them economically advantageous. Notably,
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most of these concepts relied on the availability of multi-megawatt-class nuclear power

sources in LEO. Although on-orbit nuclear power solutions are technically feasible with

current technology, it is generally known that current social and political obstacles are suffi-

cient to eliminate the possibility of employing a large nuclear power source on orbit. There-

fore, most of the current research has focused on applications for smaller satellites. Some

work in Japan has focused on designing an efficient inlet/collection scheme [24], and others

around the world are currently investigating thruster concepts that may have the appropriate

performance characteristics when operating with atmospheric constituents [25–27].

Timothy Pigeon and Ryan Whitaker, two undergraduate students at the Massachusetts

Institute of Technology, analyzed the potential for a “Near-Vacuum Hall Thruster,” that

would ingest ambient gas and accelerate it using the Hall effect. Initial experiments sug-

gested that the thruster may work [28], but later experiments by Omar Bashir and Regina

Sullivan measured properties in the exhaust plume that indicated the performance at all

operating conditions would be far too low to compensate for satellite drag at the altitudes

of interest [29].

Two similar concepts were introduced by Gordon Dressler of the Northrop Grum-

man Corporation [30], and Leonid Pekker of ERC Incorporated with Michael Keidar of

George Washington University [31]. Dressler’s concept, called the “Ambient Atmosphere

Ion Thruster,” used an open set of grids to electrostatically accelerate ambient gas that

is already ionized, without needing any sort of scooping structure, but this work did not

address some of the more challenging technical details of the concept. Pekker and Kei-

dar presented a thorough model of a similar concept that uses a Hall accelerator instead

of grids. They came to the conclusion that the concept could work at 80–90-kilometer

altitudes with megawatts of power, but used optimistic assumptions for some of the char-

acteristics of Hall thrusters in their calculations [31].

Kazutaka Nishiyama of JAXA noted that scientists do not currently have access to the

region of the atmosphere at altitudes of 60–200 kilometers. He proposed using an “Air
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Breathing Ion Engine,” or ABIE, to compensate for the drag of a satellite in a 150–200-

kilometer orbit in order to study the atmosphere at those altitudes for a mission duration of

at least several months. Nishiyama stated that an efficient air inlet design is the key to mak-

ing the concept viable, and that the inlet materials must be resistant to degradation when

interacting with atomic oxygen. He determined reasonable characteristics for a small satel-

lite mission, with a 4.1–5.6-kilowatt ion engine providing the thrust at a specific impulse

of 7,300–10,000 seconds. His work also identifies many of the engineering challenges that

must be overcome to make this concept a reality [32].

Following from Nishiyama’s work, Masahito Tagawa et al. created a fast atomic oxy-

gen source to simulate the environment that the ABIE would experience on orbit [33]. The

experiment indirectly measured the thrust produced from an ABIE-like set of grids, but

the authors noted that the experiment was fundamentally different than operation in LEO

because the atomic oxygen source was pulsed, rather than steady-state. This led to the

development of a steady-state atomic oxygen source capable of providing the conditions

necessary to test a small-scale ABIE in a representative very low LEO atmosphere [27].

Jones et al. revived Demetriades’s PROFAC work, and presented a concept called

Propellant Harvesting of Atmospheric Resources in Orbit (PHARO). The proposed

PHARO mission was a propellant depot that would collect 300 metric tons of oxygen

from the Earth’s atmosphere during one year of operation. The PHARO vehicle would

then load the collected oxygen onto a Mars-transfer vehicle. Jones’s work mainly pre-

sented the Direct Simulation Monte Carlo (DSMC) analysis of various inlet designs, with

computational results for the continuum-rarefied transitional flow regime at about 100 kilo-

meters. The study determined that the propulsion system must be capable of providing at

least 134 newtons of thrust at a minimum 1000-second specific impulse, although the thrust

could be distributed among multiple vehicles or engines [34].

DiCara et al. also presented DSMC results of an inlet design, along with a reasonable

mission concept for using a “RAM-EP” propulsion system. The study gave a very detailed
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description of the proposed demonstration mission that mostly uses off-the-shelf technol-

ogy. It determined that a mission is possible down to an altitude of 180 kilometers, and that

the RAM-EP concept is only advantageous at altitudes below about 250 kilometers. For the

designed demonstration mission, the thrusters would need to provide 2–20 millinewtons of

thrust with approximately 1 kilowatt of electrical power. The authors noted that both the

inlet design and thruster performance with atmospheric gases must be verified before fur-

ther system development can occur [25].

Other studies have focused specifically on using or modifying existing thruster tech-

nologies in air-breathing applications. Kevin Diamant of the Aerospace Corporation ex-

perimentally studied a two-stage thruster concept that is designed to have a very long life-

time [35]. Diamant’s experiments used xenon propellant, and the results suggested that

there was no advantage to using a two-stage thruster design over a more traditional Hall

thruster. David Kirtley of MSNW LLC plans to use a Field Reversed Configuration (FRC)

thruster concept with neutral flow entrainment to achieve appropriate performance charac-

teristics for an air-breathing propulsion system [26]. The FRC thruster is currently under

development and no direct performance results are yet available to assess the applicability

of this technology. However, recent measurements suggest that the FRC technology shows

promise, and testing is planned for future use with Mars and Earth atmospheric propellants,

as well as materials possibly found in asteroids [36].

In addition to the work presented at academic conferences and in peer-reviewed jour-

nals, two patents have been awarded by the United States Patent and Trade Office in the past

decade regarding air-breathing space propulsion technology. One is for an “air breathing

electrically powered hall effect thruster,” which is similar to the concepts described by Pi-

geon and Whitaker, and by Pekker and Keidar [37]. The other is for the “air-breathing

electrostatic ion thruster,” which is most similar to those described by Nishiyama and

Dressler [38].
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1.3 Research Goals

Two unknowns are frequently cited in literature regarding the feasibility of air-breathing

spacecraft concepts: the 1) the efficiency and 2) the performance characteristics of space

propulsion systems operating with atmospheric gases. Another unknown that is not as fre-

quently cited is the lifetime of these propulsion systems. This dissertation aims to address

the feasibility and practicality of operating an air-breathing propulsion system on a small

satellite in very low LEO with currently available technology. The approach taken is to

choose representative, appropriate thrusters to test, and measure their performance in the

laboratory. Radio frequency (RF) plasma technology is used widely in the multi-billion

dollar semiconductor manufacturing industry, and so the aptitude for this technology to in-

crease the performance of an air-breathing system is a major focus of the investigation.

Chapter 2 presents some background information and a feasibility analysis used to de-

termine the appropriate thruster technologies to test in the laboratory. Chapter 3 gives a

brief discussion of RF plasma systems. Chapter 4 details the designs of the thrusters used

in this study. Chapter 5 describes the facilities and diagnostics used. Chapter 6 presents the

results of thruster performance testing. Chapter 7 discusses the physics of thruster opera-

tion. Finally, Chapter 8 makes some concluding remarks regarding the future application

of these thrusters to a satellite mission employing an air-breathing propulsion system.
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CHAPTER 2

Background

This chapter addresses the feasibility of using Earth’s atmosphere as propellant for drag

compensation, and the process for determining which thruster concepts to investigate. First,

the properties of the Earth’s atmosphere in very low LEO are given. Then, the analysis used

to determine the propulsion requirements for an air-breathing system is presented. A refer-

ence mission is defined to give representative values for a small demonstration spacecraft

that would use currently available technology. Finally, the decision regarding the appropri-

ate thruster technology to investigate is described.

2.1 Earth’s Atmosphere

The MSISE-90 model is a standard global atmospheric model used by NASA in the

range of altitudes from 0–1000 kilometers above the Earth’s surface. The “MSIS” stands

for Mass Spectrometer and Incoherent Scatter, the “E” denotes that the model extended

the MSIS-86 model into the middle and lower thermosphere, and “90” indicates that it

was released in the year 1990. It is an empirical model based on mass spectrometry and

incoherent scatter radar measurements taken by satellites and ground stations, as well as

supplemental data from sounding rocket experiments and space shuttle flights. A website

supported by NASA’s Goddard Space Flight Center provides the mass density, tempera-

ture, and gas composition of the atmosphere versus altitude according to the MSIS-E-90

model [39]. Atmospheric conditions vary by altitude, latitude, longitude, and over the
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course of a day/night cycle, the yearly seasonal cycle, and the solar cycle (approximately

an 11-year period). To assess the feasibility of an air-breathing system, the MSISE-90 data

for January 1, 2000 at 01:30 UTC, at 55 degrees North latitude, 45 degrees East longitude

(the default settings on the webpage) is used. The values used for the atmospheric proper-

ties are given in Appendix A. Although many gas properties are important for determining

the required performance of an air-breathing propulsion system, one of primary importance

is the mass density of the gas, plotted in Fig. 2.1.
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Figure 2.1: Mass density of atmospheric gas versus altitude from the NRLMSISE-00 model
at different levels of solar activity, reported by ISO/DIS 14222 [40]. Solar and geomagnetic
activity may vary over time scales as short as an hour and as long as a decade.

Atmospheric composition is also important when considering the development of an

air-breathing spacecraft. Argon, helium, and molecular nitrogen are inert, but atomic oxy-

gen and hydrogen are very reactive, and can increase the erosion of spacecraft materials.

Also, candidate methods of propulsion must be able to effectively use the atmosphere’s

constituent gases as propellant. For example, even though atomic oxygen is the majority

component of the upper atmosphere, as shown in Fig. 2.2 [39], Zukerman calculated that an
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atomic oxygen-recombination ramjet would have insufficient performance to compensate

for drag [17].
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Figure 2.2: Atmospheric composition versus altitude from the NRLMSISE-00 model for
mean solar and geomagnetic activity, reported by ISO/DIS 14222 [40]. Atomic oxygen is the
majority component above approximately 200 km.

2.2 Kinetic Theory

Kinetic theory is a description of macroscopic gas behavior that treats the gas as a

collection of individual microscopic particles, or molecules. The individual molecules are

in a constant state of motion, and they interact with material surfaces and other molecules

in the gas through frequent collisions [41]. The average distance that a molecule will travel

before it collides with another molecule is called the mean free path, λmfp. To describe the

macroscopic behavior of the gas in a real system, an important non-dimensional quantity

for Kinetic theory is the Knudsen number, Kn. The Knudsen number is the ratio of the

mean free path of the molecules to the length scale of the system. The systems analyzed
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in this dissertation are spacecraft, and so the length scale used to calculate the Knudsen

number is the characteristic length of the spacecraft, Ls/c, as shown in Eq. 2.1.

Kn =
λmfp

Ls/c
, (2.1)

The Knudsen number gives the ratio of the length scale that a molecule travels between

microscopic interactions to the length scale of the whole system. When the Knudsen num-

ber is greater than or equal to one, the flow in the system is said to be in the free-molecular

flow regime. In free-molecular flow, the material surfaces are not large enough to cause

flow discontinuities to develop. Thus, shocks are not present, and the sound speed is not an

important quantity for describing flow behavior.

In order to obtain an estimate of the mass flow rate and drag for an air-breathing satel-

lite, it is assumed that the gas surrounding an air-breathing spacecraft is in a free-molecular

flow regime. This assumption is dependent on the specific atmospheric conditions and the

size of the spacecraft being analyzed, and it is checked for all analyses presented later. Be-

cause the satellite is in a free-molecular flow, simplified equations may be used to describe

the interactions between the satellite and the atmosphere. The front surface of the space-

craft is modeled as a flat surface moving through a stationary gas that is characterized by

the gas species mass, m, the number density, n, and temperature, Tg, as shown by Fig. 2.3.

The ratio of the plate velocity, v3, to the most probable thermal speed of the gas is known

as the speed ratio, or s3, and is defined in Eq. 2.2.

s3 ≡
v3√
2kBTg
mg

(2.2)

Assuming that the ambient gas has a Maxwellian energy distribution, Eqs. 2.3 and 2.4

give the solutions to the Boltzmann relations for incident mass flux, Φ3, and momentum

flux, P3, on the flat plate, respectively. Note that the speed ratio is the critical parameter for

18



x1

x2 x3

v3

m, n, Tg

Figure 2.3: Kinetic description of flat plate moving through ambient gas.

determining the asymptotic solutions.

Φ3 =
1

4
mgng

(
8kBTg
πmg

)1/2 [
exp

(
−s2

3

)
+
√
πs3 (erf(s3) + 1)

]
(2.3)

P3 = ngkBTg

[
s3√
π

exp
(
−s2

3

)
+

(
1

2
+ s2

3

)
(1 + erf(s3))

]
(2.4)

As discussed later, the plate velocity for the spacecraft model is the orbital velocity. At

the altitudes of interest for an air-breathing spacecraft, the speed ratio remains above 8. This

is sufficiently large that the asymptotic solutions for free-molecular mass and momentum

flux apply to the spacecraft front surface, given by Eqs. 2.5 and 2.6, respectively.

lim
s3→∞

Φ3 = mgngv3 (2.5)

lim
s3→∞

P3 = mgngv
2
3 (2.6)
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2.3 Propulsion Systems

Most satellites employ a propulsion system to exert a force for the purpose of orbit

maintenance, attitude control, and/or orbit raising. According to Newton’s third law, any

force exerted on a mass (i.e. an action) must cause a force equal in magnitude and opposite

in direction to another mass (i.e. a reaction). Propulsion systems near the Earth’s surface,

such as boat or airplane propellers, may use the atmosphere as a reaction mass by “pushing”

against the surrounding water or air. The density of the atmosphere a few tens of kilometers

above the Earth’s surface is too low for this type of propulsion system to effectively “push”

against. Rather, at high altitudes, the vehicle must carry all of the reaction mass on board.

2.3.1 Rocket Propulsion

A propulsion system that uses no external sources of reaction mass is called a rocket,

and the stored reaction mass is called the propellant. The force provided by a rocket is

called the thrust, FT, and it is equal to the rate at which propellant mass is expelled from

the vehicle (the propellant mass flow rate), ṁpr, multiplied by the velocity of the expelled

propellant relative to the vehicle (the effective exhaust velocity), vex, according to Eq. 2.7.

FT = M(t)
dv(t)

dt
=
dmpr

dt
vex = ṁprvex (2.7)

Note that both the mass, M(t), and the velocity, v(t), of the vehicle are functions of

time because the propellant mass is expelled from the vehicle and the vehicle is being

accelerated by the thrust force. The effective exhaust velocity is simply a property of the

particular type of rocket that is used.

The initial mass of the vehicle is given as M0, and if the flow rate and effective exhaust

velocity are assumed to be constant, then the mass of the vehicle decreases linearly with

time, as shown by Eq. 2.8.

M(t) = M0 − ṁprt (2.8)
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Figure 2.4: Diagram of rocket operation.

Because a real vehicle may only carry a finite amount of propellant, mpr, all of the pro-

pellant mass will eventually be expended after the total burn time, tb. The mass remaining

when the propellant is expended is the final mass of the vehicle, Mf , as shown in Eq. 2.9.

M(tb) ≡Mf = M0 − ṁprtb (2.9)

Equation 2.7 can then be rewritten as Eq. 2.10, and carrying out the integration yields

Eq. 2.11, where v0 is the initial vehicle velocity and vf is the final vehicle velocity. This

equation was originally published by Russian schoolteacher Konstantin Eduardovich Tsi-

olkovsky in 1903 [42], and it is still commonly referred to as “the rocket equation.”

Mf∫

M0

dM ′

M
=

1

vex

vf∫

v0

dv′ (2.10)

Mf

M0

= e−
∆v
vex (2.11)

The maneuver that the rocket pushes the vehicle through defines the “delta-vee” re-

quired, ∆v. This is the change in velocity imparted to the final vehicle mass whenM0−Mf

amount of propellant mass is consumed. Note that for a given ∆v (i.e. vehicle maneuver),

a rocket with a higher effective exhaust velocity requires less propellant mass to complete

the maneuver.

The thrust integrated over the entire “burn time” of the rocket represents the total mo-

mentum change that the propulsion system can impart to the vehicle, and it is called the
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total impulse. A commonly cited figure of merit for rocket systems is the specific impulse,

Isp, which is the impulse imparted to the spacecraft per unit weight of propellant. This

quantity is defined in Eq. 2.12, where g0 is the acceleration due to gravity at sea level on

Earth. Specific impulse is a measure of how effectively the rocket system uses the propel-

lant mass.

Isp ≡

tb∫
0

FT(t
′)dt′

g0

tb∫
0

ṁpr(t′)dt′
(2.12)

If the average values of thrust and flow rate are determined for the entire burn time, then

calculating the specific impulse is equivalent to determining the average effective exhaust

velocity, as shown by Eq. 2.13.

Isp =
F T

g0ṁpr
=
ṁprvex

g0ṁpr
=
vex

g0

(2.13)

Assuming that it is initially stationary on the vehicle, some source of potential energy

(e.g. gas pressure, chemical bond energy, electric potential energy, etc.) must be converted

to kinetic energy in order to accelerate the propellant to the exhaust velocity. The power

contained in the rocket exhaust that contributes to the thrust is called the jet power, Pjet,

and it can be defined using different characteristics of the rocket, as shown by Eq. 2.14.

Pjet =
1

2
ṁprv

2
ex =

1

2
FTvex =

1

2
FTg0Isp =

1

2
ṁpr(g0Isp)

2 (2.14)

No matter what the original source of energy is, the total efficiency, ηtot, of a rocket can

be defined by the fraction of the input power, Pin, that is converted to jet power, as shown

in Eq. 2.15.

ηtot ≡
Pjet

Pin
=

Pjet

Pchemical
, or

Pjet

Pelectrical
, or

Pjet

Pnuclear
, etc. (2.15)

Rockets can be categorized by the source of power used to generate thrust. One fun-

damental categorization of rocket types is the distinction between chemical and electric
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rockets. Chemical rockets use only the internal energy that is contained in the propellant

itself. This internal energy can be stored as a high pressure or as chemical bonds in the

propellant molecules. Once the chemical energy is released, the propellant flows through a

nozzle to convert the isotropic thermal energy into a directed exhaust jet. Electric rockets

instead use an electrical power source to add energy to the propellant. Depending on the

method for electrical energy input, a nozzle may or may not be used. Figure 2.5 shows the

operating regimes for the different types of rockets.

Electrostatic & 

Electromagnetic

Arcjet Solar Thermal Nuclear Fisson

Resistojet
Liquid & Solid Chemical Propellants

Monopropellant

Cold Gas

Figure 2.5: Operating Parameters of different types of rockets [43].

The input power for chemical propulsion systems is fundamentally limited by the den-

sity of the internal energy stored in the propellant. The maximum specific impulse is limited

by the temperature that the combustion products can attain, and the efficiency of the noz-

zle. For example, unavoidable “frozen flow” losses (losses due to the propellant molecules

carrying internal energy into the exhaust) prevent all of the chemical bond energy from

being converted into directed kinetic energy that produces thrust. The practical maximum

specific impulse in modern chemical rockets is approximately 450 seconds, which is at-

tained by using liquid oxygen and liquid hydrogen as propellant. Higher specific impulse

23



has been demonstrated with more energetic propellant combinations (e.g. 532 seconds in a

lithium-fluorine-oxygen rocket [44]). These exotic propellants are generally more difficult

to handle or store, and the modest performance gains realized would not offset the large

development costs required to make these propellants viable [45].

2.3.2 Augmented Rocket Propulsion

The above analysis applies specifically to rockets, which by definition carry all propel-

lant on-board the vehicle. However, the same principles can be applied to a system that uses

an external source of propellant. A chemical rocket typically requires both a fuel and an

oxidizer to release the stored chemical energy. In the Earth’s lower atmosphere, oxygen is

available at densities large enough such that the surrounding air can be used as an oxidizer.

The air can therefore be used to react with the fuel that is stored on the vehicle in either a

duct jet propulsion system (e.g. ramjet, turbojet, etc.) or a ducted rocket or air-augmented

rocket, such as that depicted in Fig. 2.6. Because this type of vehicle uses ambient gas as

propellant, the equation for specific impulse is modified. For a constant total propellant

flow rate, Eq. 2.16 applies, and Eq. 2.13 can be re-written as Eq. 2.17 because although

both the fuel and air contribute to the thrust, only fuel is consumed in the process.

ṁpr ≡ ṁfuel + ṁair (2.16)

Isp =
(ṁfuel + ṁair)vex

g0ṁfuel
=
vex

g0

(
1 +

ṁair

ṁfuel

)
(2.17)

Equation 2.17 shows that the specific impulse of a propulsion system can be drastically

increased if a significant amount of the propellant can be drawn from the vehicle surround-

ings, and if the exhaust velocity is not significantly diminished. This is the reason why

commercial airplanes use turbofan engines instead of rockets. It also explains why there

is a considerable research effort dedicated to replacing rocket propulsion with ramjet and

scramjet engines for endo-atmospheric missions. Previous work has shown that a purely
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air-breathing chemical rocket is not feasible, and that an augmented chemical rocket is not

practical for orbital applications [17].

ṁpr

vex
mfuelṁfuelPin

Fthrust

ṁair

ṁair

Figure 2.6: Diagram of ducted or air-augmented rocket.

2.3.3 Electric Propulsion

Electric Propulsion (EP) refers to rocket systems that convert electrical energy into

kinetic energy of the propellant. The source of electrical energy is external to the propellant,

and so the exhaust velocity is not fundamentally limited by the internal energy that can

be stored in the propellant. EP can be further sub-divided into categories based on the

physical process that converts the electrical energy to jet power of the propellant. The

three categories are described below, and a comparison of typical performance parameters

is given in Table 2.1

1. Electrothermal Thrusters operate by heating propellant, and expanding it through a

nozzle. Examples of electrothermal propulsion include resistojets and arcjets.

2. Electrostatic Thrusters operate by ionizing the propellant, and accelerating the ion

species to high velocity with an applied electric field. Examples of electrostatic

propulsion include gridded ion thrusters, Hall/Stationary Plasma Thrusters (SPTs),

and colloid thrusters.

3. Electromagnetic Thrusters operate by ionizing and driving electrical current through

the propellant. The driven current interacts with an applied magnetic field to accel-
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erate the ionized propellant. Examples of electromagnetic propulsion include Pulsed

Plasma Thrusters (PPTs), Magnetoplasmadynamic thrusters (MPDs), Pulsed Induc-

tive Thusters (PITs), and Field-Reversed Configuration Thrusters (FRCs).

Table 2.1: Electric propulsion performance characteristics [43, 46–50].

Type Power (kW) Isp (s) ηtot (%) Life (hrs) Status
Resistojet (N2H4) 0.5–1.5 300 80 500 Flight

Arcjet (N2H4) 0.3–2 500–700 35 > 1,000 Flight
Arcjet (H2) 0.005–100 1000–1500 25–40 — R & D

Hall Thruster (Xe) 0.1–50 1000–3000 40–70 > 7,000 Flight
Hall Thruster (Kr) 1–74 1500–4500 30–65 — R & D
Ion Thruster (Xe) 0.2–40 2000–10000 60–75 > 40,000 Flight

MPD (NH3, H2, Ar) 0.001–4000 2000–5000 30–50 — R & D

A plasma is an ionized gas that can experience body forces due to applied electric

and magnetic fields. It logically follows that electrostatic and electromagnetic EP systems

employ the use of plasmas. The exhaust velocities of these systems are dictated by the

strength of the applied fields, and the thrust force is transmitted to the thruster through the

fields themselves. The latter fact implies that the ionized propellant does not need to collide

with any thruster components or other propellant to exert a force on the vehicle.

As will be discussed in the next section, if a satellite uses propellant only from the

collection of ambient atmospheric gas, the minimum specific impulse required from the

propulsion system to sustain it in a 200-kilometer orbit is approximately 800 seconds. In

addition, for an air-breathing satellite to yield a practical gain over a non-air-breathing

satellite, the propulsion system must have an operating lifetime of at least 30,000 hours.

The combination of these two requirements eliminates resistojets and arcjets for consider-

ation in an air-breathing system.

Table 2.1 shows that Hall thrusters are not be capable of operating for the long lifetime

required to make the air-breathing system practical. However, recent research suggests

that Hall thrusters can be designed to dramatically increase Hall thruster lifetime. This

can be accomplished either by continuously replenishing the eroded thruster materials or
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by altering the magnetic field geometry. The High Voltage Hall Thruster program at the

NASA Glenn Research Center has demonstrated that the material replenishment concept

can extend thruster lifetime beyond 15,000 hours [51]. The operation of a Hall thruster in a

“magnetically-shielded” configuration at the Jet Propulsion Laboratory demonstrated that

material erosion rates can be reduced by three orders of magnitude, which would extend

the lifetime of a magnetically-shielded Hall thruster to the order of 1,000,000 hours [52].

Although electric propulsion systems can generally operate with different propellants,

each specific propellant can affect overall thruster performance. For example, Table 2.1

shows how the operation of an arcjet can change when operating with hydrazine (N2H4)

versus hydrogen propellant. In addition to altering performance characteristics, using dif-

ferent propellants can affect the thruster material compatibility. Hall thrusters and gridded

ion thrusters are life-limited due to the erosion of thruster materials. These thrusters are

generally designed to operate with xenon propellant, and recent experiments have shown

increased erosion rates when operating with oxygen propellant [53]. Ion thrusters have

been successfully operated on the Gravity field and steady-state Ocean Circulation Ex-

plorer (GOCE) satellite at low altitudes where there is a significant amount of atomic oxy-

gen [54], but the performance of ion and Hall thrusters operating with nitrogen and oxygen

propellant is not well-documented.

2.4 Air-Breathing Spacecraft

Air-breathing space propulsion is an enabling technology that could allow a spacecraft

to perform propellant-expensive maneuvers at low orbit altitudes without suffering a reduc-

tion in the payload mass or lifetime. At a minimum, the air-breathing propulsion system

must be capable of compensating for drag. It is important to quantify the altitudes where

this is possible, and the practical benefit that an air-breathing system might achieve over a

non-air-breathing system. This section describes the procedure used to calculate the per-
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formance requirements of the propulsion system.

First, it is important to understand the properties of a non-air-breathing spacecraft. In

general, a spacecraft can be divided into three major sources of mass: the bus (i.e. the

structure, wiring harness, communications subsystems, solar panels, etc.), the propellant,

and the payload, given by Eq. 2.18. Although the payload requirements generally drive the

properties of the spacecraft bus, the mass available as payload is the most valuable to the

customer. The total mass delivered to a particular orbit is set by the launch vehicle, and is

primarily a function of the orbit altitude and inclination. For a given launch vehicle, less

mass can be delivered to higher orbits.

M0(h) = Mbus +mfuel +Mp/l = M0 (kbus + kfuel + kp/l) (2.18)

The drag force on a spacecraft in LEO is calculated according to Eq. 2.19, where ρ is

the mass density of the atmosphere, vs/c is the spacecraft velocity, As/c is the frontal area of

the spacecraft, and CD is the drag coefficient. For typical spacecraft, the drag coefficient is

in the range of 2–4 [6].

FD =
1

2
ρv2

s/cCDAs/c (2.19)

Assuming that the spacecraft ends its mission when all of the propellant has been

expended, and that the drag, propellant flow rate, ṁpr, and specific impulse, Isp, of the

propulsion system are constant, the lifetime of the spacecraft, τL, is calculated according to

Eq. 2.20.

τL =
mfuel

ṁfuel
=
kfuelM0

FD
Ispg0

(2.20)

If an electric propulsion system is used, and the thrust is exactly equal to the drag, then
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the electrical power required by the propulsion system may be calculated using Eq. 2.21.

Preq =
1

2ηtot
FDIspg0 (2.21)

Ainlet

Adrag

Ls/c

vo

h

m, dhs, n

vex, ηtot

ηPV

Background photo credit: NASA Visible Earth [http://eoimages.gsfc.nasa.gov/images/imagerecords/57000/57723/globe_east_2048.jpg]

Figure 2.7: Notional diagram of air-breathing mission.

2.4.1 Model

The goal of the air-breathing spacecraft is to eliminate the need to store propellant on-

board the spacecraft at launch (i.e. to reduce kfuel to zero). The elimination of the stored

propellant allows more spacecraft mass to be allocated to other systems, such as the pay-

load. In addition, the on-orbit lifetime of the air-breathing propulsion system must not be

significantly reduced in order for it to yield a practical benefit over a conventional propul-

sion system. Although alternative spacecraft geometries might be imagined to optimize the

capabilities of an air-breathing mission, the model for a simple spacecraft is analyzed to
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give a first-order estimate of the feasibility and potential benefit of an air-breathing space-

craft. Figure 2.7 shows a diagram of the simple air-breathing spacecraft analyzed here,

showing the important variables.

1. Geometry: The spacecraft geometry is assumed to have a well-defined length, Ls/c,

and a surface area normal to the orbit trajectory, As/c. The normal surface area is

divided into an inlet area, Ainlet, through which incident flow is collected, and a drag

area, Adrag, which causes a drag force without collecting ambient gas.

Ainlet; Adrag; Ls/c (2.22)

2. Velocity: The spacecraft is assumed to be in a circular orbit at an altitude, h, above

the Earth’s surface. The bulk velocity of the incoming flow is equal to the spacecraft

orbital velocity. Referring to the kinetic theory discussed above, the normal velocity,

v3 in Fig. 2.3, is the orbital velocity of the spacecraft, vo in Fig. 2.7. Note that the

radius of the Earth is approximately 6,378 kilometers, and that the altitudes of interest

for an air-breathing spacecraft are in the range of roughly 100–400 kilometers. Thus,

the Earth’s radius is much larger than the orbit altitude, and so the orbit velocity is

nearly constant (approximately 7.7–7.8 kilometers per second) in this altitude range.

vo =

√
GM⊕
Re + h

(2.23)

3. Flow Regime: The gas behavior in the vicinity of the spacecraft is assumed to be in

free-molecular flow, rather than a flow with transitional or hypersonic flow effects.

To check that this assumption is valid, the Knudsen number, Kn, is calculated from

the gas mean free path, λmfp, and the spacecraft length according to Eq. 2.1. The

mean free path is determined from the number-density-weighted hard-sphere diame-

ter of the atmospheric gas, dHS, according to Eq. 2.24, and so it is a function of gas
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composition as well as number density [55].

λmfp =
1

√
2πdHS

2∑
nk

; dHS ≡
∑
nkdHS,k∑
nk

(2.24)

4. Mass Flow Rate: It is assumed that the spacecraft operates in steady-state, such that

the air-breathing propulsion system is able to use the gas that is incident on the inlet

area as propellant. The incident mass flow, ṁin, is defined in Eq. 2.25 where the

inlet efficiency, ηinlet, is the fraction of mass incident on the inlet area that is collected

by the spacecraft. A propulsion system that uses the maximum amount of gas flow

requires a lower exit velocity to compensate for the drag. Thus, the spacecraft is

assumed to used all of the collected mass flow as propellant in order to determine the

minimum thruster exit velocity required.

ṁin ≡ nmvoAinletηinlet (2.25)

5. Drag: The drag force, FD, is calculated by treating the inlet area and drag area sepa-

rately, and summing the force of the incident gas on each area. It is assumed that all

of the gas molecules are initially at zero mean velocity (relative to the Earth). When

collecting ambient gas, the spacecraft must accelerate all of the collected molecules

to the orbital velocity. It is assumed that the gas molecules incident on the inlet

area, whether collected or not, experience an average change in velocity equal to the

spacecraft orbital velocity. For the drag area, it is assumed that incident molecules

are elastically scattered by the spacecraft surface. Thus, the total change in momen-

tum of the gas incident on the drag area is equal to twice the incident momentum

(the most conservative assumption). The result of summing the force on the inlet and

drag areas is given by Eq. 2.26. Note that this formulation is the same as choosing a

drag coefficient in the range from 2 (Ainlet � Adrag) to 4 (Adrag � Ainlet), which is an
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appropriate range for a satellite in LEO with an elongated shape [56].

FD = nmv2
o (2Adrag + Ainlet) (2.26)

6. Thruster Exhaust Velocity: The minimum thruster exhaust velocity required is cal-

culated by setting thrust equal to drag, and dividing by the mass flow rate, as shown

in Eq. 2.27. Note that this quantity is equivalent to the specific impulse of a thruster,

since vex = Ispg0. An equivalent voltage for a Direct Current (DC) acceleration, Veq,

is also determined from Eq. 2.28, assuming that there is no change in the composition

of the propellant as it passes through the spacecraft.

vex =
FD

ηinletṁin
=

vo
ηinlet

(
2

(
Adrag

Ainlet

)
+ 1

)
(2.27)

Veq =
mv2

ex

2q
; m ≡

∑
nkmk∑
nk

(2.28)

7. Power Required: The minimum electrical power that must be supplied to the propul-

sion system to compensate for drag, Preq, is calculated using the above relations and

the total efficiency of the thruster, ηtot, according to Eq. 2.29.

Preq =
ṁinv

2
ex

2ηtot
=

1

2ηtotηinlet
nmv3

oAinlet

(
2

(
Adrag

Ainlet

)
+ 1

)2

(2.29)

8. Spacecraft Power: It is assumed that the spacecraft uses solar power in the form

of photovoltaic cells that completely cover the cylindrical outer surface. The charac-

teristic power available on the spacecraft, Ps/c, is then determined by the product of

the insolation on orbit, the efficiency the photovoltaic cells, ηPV, and the photovoltaic

area normal to the solar radiant flux. Assuming that the length of the spacecraft is

always normal to the solar radiant flux, the normal photovoltaic area may be calcu-

lated using the inlet and drag area, the spacecraft length, and a geometric factor, kG.
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For a cylindrical spacecraft geometry, kG =
√
π ≈ 1.77. In the vicinity of the Earth,

insolation is approximately 1,367 watts per square meter [6], and so the characteristic

spacecraft power may be calculated according to Eq. 2.30. Note that the photovoltaic

efficiency is not necessarily equal to the efficiency of a single cell. For example, even

though Spectrolab’s NeXt Triple Junction (XTJ) Solar Cells are 29.5% efficient [57],

a solar panel smaller than 2.5 square meters using those cells only produces 345 watts

per square meter, corresponding to a 25% efficiency [58].

Ps/c ≈ 1367 W/m2 ηPVkGLs/c

√
Ainlet + Adrag (2.30)

9. Feasibility: The air-breathing feasibility parameter, ΠAB, is defined as the character-

istic power of the spacecraft, Ps/c, divided by the power required for the air-breathing

propulsion system, Preq, given by Eq. 2.31. A value of ΠAB ≥ 1 is deemed to be fea-

sible, and greater values have some margin over the minimum power requirement.

For a given spacecraft geometry, the feasibility parameter is primarily a function of

altitude.

ΠAB ≡
Ps/c

Preq
(2.31)

2.4.2 Example

Based on the model described above, an example spacecraft is imagined. The exam-

ple spacecraft is intended to be a “reasonable size” for a small air-breathing demonstration

mission. This spacecraft is then analyzed according to the procedure in the previous section

to determine the altitudes where the air-breathing satellite can be operated, and the perfor-

mance requirements for the air-breathing propulsion system. For simplicity, the spacecraft

is assumed to have a cylindrically symmetric geometry.

The example spacecraft is designed to fit on a currently available launch vehicle, and

for a small demonstration mission, the Pegasus® launch vehicle available from Orbital Sci-
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ences Corporation may be appropriate. The standard payload fairing for Pegasus® is shown

in Fig. 2.8 [59].

 

Figure 2.8: Pegasus® payload fairing [59].

The GOCE satellite is a similar size and shape as the example spacecraft, and operates

down to an orbit altitude of about 260 kilometers. Information listed on GOCE’s website

states that GOCE produces 1300 watts of electrical power from a 9-square-meter solar

array [60]. Assuming that a similar solar array can be used for the example air-breathing

spacecraft mission, this gives an approximate value of 145 watts per square meter for a

photovoltaic array in low-altitude LEO, corresponding to a 10.6% photovoltaic efficiency.

This is a conservative estimate considering the 345-watts-per-square-meter capability of

newer arrays produced by Spectrolab [58]. However, the specifications listed by GOCE are

used due to their flight heritage near the altitudes of interest for an air-breathing spacecraft.

To fit inside of the Pegasus payload fairing without requiring any moving parts, the

example satellite has a 0.7-meter outer diameter and a 2.1-meter length. At this size, the

spacecraft is in a free-molecular flow regime for altitudes above approximately 115 kilome-

34



Image Credit: ESA

Figure 2.9: Rendering of the GOCE satellite during mission operations. GOCE is similar
in size and shape to the example air-breathing spacecraft, and operates at an orbit altitude
of 260 kilometers. GOCE continuously compensates for drag with a gridded ion thruster
assembly that uses xenon propellant.

ters. The total frontal area of the spacecraft, Adrag + Ainlet, is equal to 0.385 square meters.

The drag-to-inlet area ratio, Adrag/Ainlet, is arbitrarily chosen to be 0.5. The resulting ex-

ample spacecraft is shown in Fig. 2.10. Note that a propellant tank is included because

gas density on orbit fluctuates, and so the spacecraft may use the tank as ballast for the

propellant supply.

The results of the feasibility study taken with the example spacecraft properties are

shown in Figs. 2.11– 2.15. For a mission at an altitude of 200 kilometers, the example

air-breathing spacecraft would experience approximately 8.8 millinewtons of drag. The

spacecraft inlet is assumed to have an inlet efficiency of 0.90 (i.e. 90% of the gas molecules

incident on the inlet area are collected), and so the spacecraft collects 0.51 milligrams

of atmospheric gas per second. This necessitates a propulsion system with a specific

impulse of at least 1730 seconds, corresponding to an equivalent DC acceleration volt-

age of approximately 33 volts for the average molar mass of the atmosphere at that altitude.

If the air-breathing propulsion system has a total efficiency of 0.25, then spacecraft
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Figure 2.10: Cross-section of a notional air-breathing spacecraft, with Ls/c = 2.1 meters,
Adrag/Ainlet = 0.5, and a 0.7-meter outer diameter. The compressor moves air from the in-
let to the propellant tank. Spacecraft volume allocated for a payload is shown. The propellant
line from the tank to the propulsion system is not shown.
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Figure 2.11: Drag on the example spacecraft.

must supply about 306 watts to the propulsion system. The characteristic power of the

spacecraft, Ps/c, is 334 watts, and so the air-breathing spacecraft is deemed to be feasible at

this altitude if such a propulsion system can be created.
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Figure 2.12: Mass flow rate for the example spacecraft.
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Figure 2.13: Minimum specific impulse required for the example propulsion system.

37



100 200 300 400 500
10

0

10
1

10
2

10
3

10
4

Altitude (km)

T
h
ru
st
er

P
ow

er
R
eq
u
ir
ed

(W
)

 

 

ηtot = 0.25, High Act.

ηtot = 0.25, Avg. Act.

ηtot = 0.25, Low Act.

ηtot = 0.5, High Act.

ηtot = 0.5, Avg. Act.
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Figure 2.14: Power required for the example air-breathing propulsion system.
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Figure 2.15: Feasibility parameter for the example air-breathing spacecraft, assuming
kG = 1.77, and a solar array power of = 145 W/m2.
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One performance metric for electric propulsion systems that is sometimes presented is

the thrust-to-power. From the above model presented, the required thrust-to-power can be

calculated from Eqs. 2.26 and 2.29, according to Eq. 2.32.

FT

Preq
=

nmv2
o (2Adrag + Ainlet)

1
2ηtotηinlet

nmv3
oAinlet

(
2
(
Adrag

Ainlet

)
+ 1
)2 =

2ηtotηinlet

vo

(
2

(
Adrag

Ainlet

)
+ 1

)−1

(2.32)

Note that the thrust-to-power is not a function of atmospheric density or composition.

Also recall that the orbital velocity is nearly constant at the altitudes of interest. So, the

thrust-to-power required for the air-breathing propulsion system is only a function of the

spacecraft geometry and the thruster and inlet efficiencies. The example air-breathing

spacecraft has a 90% inlet efficiency and a drag-to-inlet area ratio of 0.5. If the total ef-

ficiency of the propulsion system is 25–50%, then the thrust-to-power is approximately

29–59 millinewtons per kilowatt.

2.4.3 Practicality

Many ideas may be deemed “feasible,” but it is equally important to understand when

a concept becomes practical. In the case of Berner and Camac [15], the goal was to accu-

mulate large amounts of ambient gas in the shortest time possible, but that is not the case

here. Consider that launch vehicle mass-to-orbit capability decreases with increasing orbit

altitude. In practical terms, this means that for a given launch vehicle (i.e. cost) a more mas-

sive spacecraft can be launched into a lower-altitude orbit. However, for a given spacecraft

size and mass, atmospheric drag decreases with increasing altitude, so the lifetime of the

satellite increases with increasing altitude. Here we consider the satellite lifetime beyond

which an air-breathing system becomes practical. The satellite lifetime is determined for

a spacecraft without an air-breathing propulsion system in order to demonstrate where an

air-breathing system might achieve a practical benefit.

For the practicality study, it is assumed that the propulsion system of a competing non-
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air-breathing spacecraft has the same geometry as the air-breathing spacecraft described

above, and that the drag force exerted on both spacecraft is equal. The non-air-breathing

spacecraft is allowed a 10% initial propellant mass fraction, and its propulsion system has a

total efficiency of 50% at a specific impulse of 3000 seconds. The non-air-breathing space-

craft’s mission ends when the spacecraft runs out of propellant. Figure 2.16 shows the

lifetime for the non-air-breathing spacecraft, assuming that it continuously uses propellant

to compensate for drag. The air-breathing spacecraft yields a practical benefit for a mission

that has a greater lifetime than the plotted line. Reading from Fig. 2.16, for example, an

air-breathing propulsion system on a spacecraft of this size would be practical for keeping

the payload in a 200 kilometer, circular, and sun-synchronous orbit for longer than 3 years,

all else being equal.
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Figure 2.16: Lifetime for a non-air-breathing spacecraft, assuming kfuel = 0.1, Isp = 3000 s,
ηtot = 0.5, and the example spacecraft geometry. An air-breathing spacecraft yields practical
benefit for lower altitudes and greater lifetimes than the τL-line (i.e. above and to the left of
the lines in the plot).
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Table 2.2: Example air-breathing spacecraft summary, operating in a sun-synchronous orbit
during average solar and geomagnetic conditions.

Property Value
Length Ls/c = 2.1 m

Outer diameter ODs/c = 0.7 m
Total Mass M0 = 325 kg
Area Ratio Adrag/Ainlet = 0.5

Inlet Efficiency ηinlet = 0.90
Thruster Efficiency ηtot = 0.25

Orbit Altitude h = 200 km
Mass flow rate ṁpr = 0.51 mg/s

Thrust FT = 8.8 mN
Minimum specific impulse Isp = 1730 s

Equivalent minimum voltage Veq = 33 V
Thruster power required Preq = 306 W

Minimum lifetime τL = 3 years

2.5 Propulsion Requirements

The absolute lower limit on propulsion system performance is determined by Eq. 2.27,

where a spacecraft with nearly zero drag area requires an effective exhaust velocity ap-

proximately equal to the orbital velocity. This theoretical lower limit corresponds to a

specific impulse of about 800 seconds. The Earth’s radius is much larger than altitudes in

very low LEO. Thus, the orbital velocity does not change significantly with altitude, and

so the specific impulse required is essentially independent of orbit altitude, as shown by

Fig. 2.13. Figure 2.1 showed that the normal mass flux at 150–300-kilometer altitudes is

on the order of of 0.1–10 milligrams per second per square meter of inlet area, and Fig. 2.11

suggests that the thrust required of the propulsion system will be on the order of 1s–100s

of millinewtons per square meter of total spacecraft frontal area. These numbers translate

to the propulsion system exhaust jet containing 10s–100s of watts of power for each square

meter of ram area.

In order for air-breathing propulsion to be practical for the example used above, it would

need to operate nearly continuously for just over 3 years, or about 27,000 hours. Ongoing
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experiments have shown that gridded ion thrusters can run for more than 42,000 hours [61],

but this is with xenon propellant. Rather, a high thrust-to-power, long-lived plasma thruster

that is capable of operating with oxygen and nitrogen propellant is the desired propulsion

system for the air-breathing spacecraft.

2.5.1 Why RF?

Most developed EP systems use electrically-biased metal electrodes that are directly

exposed to the plasma to apply a DC electric field that accelerates the propellant. When

operating with atmospheric gases, these electrodes can introduce materials compatibility

issues that are not present when operating with inert propellants. Recent experiments have

shown that oxygen propellant will chemically react with EP thruster components, in some

cases causing metal parts to form oxide coatings [53]. Thrusters that use DC electric fields

also require the use of thermionic cathodes to produce electrons. The cathode materials

must be heated to very high temperatures to emit electrons, and they are “poisoned” when

heated in an environment with a high partial pressure of oxygen [62], rendering them use-

less.

The use of RF power in space propulsion systems has been of particular interest to the

EP research community due to its potential for improving thruster lifetime and the possi-

bility for it to eliminate the need for thermionic cathodes [63]. As will be discussed in the

next chapter, RF plasma systems are capable of ionizing a gas without directly exposing

electrodes to the plasma. Satellite missions have successfully employed RF and microwave

ion thrusters that use RF power to ionize the propellant gas [64, 65]. For example, the

GOCE mission’s propulsion system consists of gridded ion thrusters that use RF to ionize

the propellant in the discharge chamber (though the exhaust plume-neutralizing cathodes

are still DC, thermionic hollow cathodes). The success of the propulsion system on the

GOCE mission shows that RF is capable of operating in EP systems at low orbit altitudes,

where the spacecraft is surrounded by a relatively high amount of oxygen.
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Some other space propulsion systems have been suggested that employ only RF power

and a magnetic field to ionize and accelerate the propellant. These systems are similar to

the devices described by Jahn as magnetic expansion thrusters and cyclotron-resonance

thrusters, and do not necessarily fit well under a single EP classification [66]. These RF

thruster concepts are currently at varying levels of development [67–73].

Most EP systems have specific life-limiting mechanisms due to the erosion of thruster

materials. This erosion is caused by the impact of high-energy exhaust with the

thruster [74]. The use of atmospheric propellant may cause the erosion rates to be higher

due to chemical interactions between the propellant and the thruster materials. Thus, the

lifetime limitation of current flight-model EP systems is likely exacerbated when using at-

mospheric gases as propellant. The energy of the propellant in the exhaust of some of the

RF EP concepts previously mentioned is relatively low. In addition, these thrusters may

be designed to have only inert materials in contact with the plasma. Only a few recent ex-

periments have begun to measure the performance of some of these concepts [68, 69], but

the data suggest that they may be capable of providing a useful amount of thrust. Because

the exhaust energies are lower than in electrostatic thrusters, it is likely that the erosion of

thruster materials can be reduced.

In addition to the potential for addressing the issue of limited thruster lifetime, RF

technology may significantly reduce compatibility concerns by eliminating the need for

thermionic materials. Alternative cathodes employing RF or microwaves have been oper-

ated in multiple laboratories, and microwave cathodes have successfully flown as neutraliz-

ers for the µ10 microwave ion thrusters on the Hayabusa mission, which returned a sample

of asteroid material to Earth [65].

Currently, the two most mature electrostatic EP systems are gridded ion and Hall

thrusters. Both suffer from a very low efficiency when operating at moderate specific im-

pulse. In particular, Hall thrusters operating at low voltage suffer from poor propellant uti-

lization efficiency (coversion of propellant atoms to thrust-producing ions), and the overall
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efficiency is lower when using alternative propellants [49,75]. Using an RF-augmented sys-

tem may increase overall Hall thruster performance by increasing the propellant utilization

efficiency. Recent studies have shown that the Hall thruster magnetic field configuration

may be changed to drastically increase thruster lifetime [52], and so an RF-augmented,

magnetically-shielded Hall thruster may be appropriate as the thruster for an air-breathing

spacecraft.

2.6 Conclusion

This chapter demonstrated that an air-breathing satellite is feasible, and showed where

such a system would be practical to implement over a non-air-breathing system. The perfor-

mance characteristics of EP is in the range appropriate for an air-breathing orbital vehicle.

In particular, the ability to operate with any gas species as a propellant, and EP’s higher spe-

cific impulse than chemical rocket systems make it an attractive option for an air-breathing

orbital mission. The capability of RF systems to eliminate the need for a thermionic cath-

ode merits further investigation into their aptitude for improving EP performance.
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CHAPTER 3

RF Plasma Systems

The previous chapters presented the background and motivation for implementing RF

technology in an EP system in order to provide in-space propulsion for an air-breathing

satellite. This chapter discusses exactly what is meant by “RF plasma technology.” The

first section introduces basic RF concepts important for implementing any RF system, and

the second section gives a brief treatment of physical processes in plasmas.

3.1 RF Engineering Principles

All Alternating Current (AC) signals radiate some energy into free space. This en-

ergy is radiated in the form of electromagnetic waves. The amount of energy radiated is

very low at power-line AC frequencies (50-60 hertz). However, it has been found the en-

ergy radiated from a conductor at 10 kilohertz can be transmitted and received across large

distances on Earth if a sufficiently large antenna is used. When frequencies above approx-

imately 100 gigahertz are used, the energy can be radiated more as heat than radio waves.

So, although there are no absolute theoretical constraints on the range of frequencies, radio

frequency (RF) power refers to AC power in the frequency range that is practically useful

on Earth, about 3 kilohertz to 300 gigahertz. Circuits that operate in the RF frequency range

must be designed with careful consideration of the unique properties of RF power (e.g. RF

is radiated from conductors, and so energy is not strictly confined to a circuit board) [76].

A large number of industries (primarily communication-related) have formed around
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the ability to control, transmit, and receive RF energy. For example, the plasma process-

ing/semiconductor manufacturing industry uses RF technology to enable a wireless transfer

of energy from an AC electrical outlet to the electrons in low-pressure gas reactors. It is

also important to note that the plasma processing industry uses oxygen and nitrogen as

working gases for processes such as nitriding metals and sputtering wafer material, show-

ing that it is compatible with LEO atmospheric components.

In the United States, the Federal Communications Commission (FCC) regulates the

use of electromagnetic radiation across the RF spectrum. The Code of Federal Regula-

tions defines Radio Waves as “electromagnetic waves of frequencies arbitrarily lower than

3,000 GHz, propagated in space without artificial guide” [77]. The FCC is responsible for

assigning and licensing the use of frequencies between 9 kilohertz and 275 gigahertz [78].

The FCC allocates certain frequencies for Industrial, Scientific, and Medical (ISM) uses,

referred to as the ISM radio bands. Frequencies in the ISM bands can be used in the lab-

oratory without creating the danger of interfering with communications networks. The

frequency in the ISM bands that is most commonly used by the plasma processing industry

is 13.56 megahertz, and so there are many medium-power RF generators readily available

and relatively inexpensive at that frequency.

The frequency of RF typically referred to is the circular frequency, f , given in units

of cycles per second or hertz. Electrical calculations that are dependent on the frequency,

however, generally use the angular frequency, ω, which has units of radians per second.

Circular frequency and angular frequency are related by Eq. 3.1.

ω = 2πf (3.1)

Electromagnetic radiation of a given frequency may generally be thought of as a trav-

eling plane wave that moves through a material at the speed given by Eq. 3.2, where µ is

the magnetic permeability and ε is the electric permittivity of the material. In vacuum, the
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permittivity and permeability are that of free space, and the wave propagates at the speed

of light, c, approximately 3.0× 10−8 meters per second.

c =

√
1

µε
(3.2)

Based on the speed and the frequency, the wavelength of the electromagnetic wave,

λ, is determined by Eq. 3.3. The wavelength is an important characteristic length to con-

sider when employing RF power because it is the length scale over which large voltage

differences can be driven, even in a conductor. For 13.56 megahertz in free space, λ ≈ 22

meters.

λ =
c

f
(3.3)

When working with RF power, the electrical length is an important parameter. The

electrical length is the ratio of the physical length of a conductor to the wavelength of

the electromagnetic energy. The electrical length is a property that gives a general sense

of the behavior of RF waves in the components and transmission lines of an electrical

circuit. A conductor whose physical length is a large fraction of an RF wavelength or

larger is considered to be “electrically large” or “long,” and a conductor whose physical

length is a small fraction of the RF wavelength are considered to be “electrically small” or

“short.” In this dissertation, “a small fraction of a wavelength” refers to one-tenth of the RF

wavelength (e.g. 2 meters for 13.56 megahertz in free space). Note that the electrical length

is a function of the RF frequency and the properties of the material that the RF energy is

traveling through. Note also that the electrical length does define a particular rule. Rather,

the electrical length is a concept that provides a guideline to understand how RF energy

will behave in a particular system [79].
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3.1.1 Impedance and Admittance

The electromagnetic wave may also be thought of as a traveling, AC voltage signal. An

important quantity when considering an AC signal propagating through a space larger than

one-tenth of the wavelength is the characteristic impedance. The characteristic impedance

in a material, typically labeled Z0, is determined by Eq. 3.4. Note that permeability is in

units of inductance per unit length, and permittivity is capacitance per unit length, and the

square root of their ratio is in units of resistance, ohms. In free space, Z0 ≈ 377 Ω.

Z0 =

√
µ

ε
=

√
µ0µr
ε0εr

(3.4)

Z0 comes from the necessity to satisfy generalized Ohm’s law, given by Eq. 3.5. Char-

acteristic impedance is not resistance, but simply the ratio of voltage to current of a time-

varying signal propagating in a medium. Note that the characteristic impedance may be

dependent on the frequency of the electromagnetic energy.

V (t) = Z(ω)I(t) (3.5)

Impedance is a complex quantity that has a real component called resistance, R, and an

imaginary component called reactance, X , as shown in Eq. 3.6, where j ≡
√
−1.

Z ≡ R + jX (3.6)

The frequency dependence of impedance may be illustrated by applying an AC volt-

age across an ideal, lossless inductor. Inductors are described by a property called the

inductance, L, and a lossless inductor identically has zero resistance. The impedance of

the lossless inductor therefore consists only of the inductive reactance, which is a linear

function of frequency, as shown in Eq. 3.7.
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Zind = jωL (3.7)

Similarly for an ideal lossless capacitor with capacitance, C, the impedance is a purely

imaginary quantity called the capacitive reactance, also a function of frequency, as shown

in Eq. 3.8.

Zcap =
1

jωC
=
−j
ωC

(3.8)

Pure resistances or inductances add when connected in series, but the reciprocal of

capacitances adds in series. This is clear when looking at Eqs. 3.6– 3.8, and understanding

that it is the impedance that adds in series, as shown by Eq. 3.9.

Zequiv =
∑

series

Zs (3.9)

To analyze parallel circuit components with the same arithmetic ease as series compo-

nents, the admittance, Y , may be used. The admittance is the reciprocal of the impedance,

as shown by Eq. 3.10.
1

Z
≡ Y ≡ G+ jB (3.10)

For a purely resistive circuit component, the admittance is equal to the reciprocal of

resistance, Y = G = 1/R, where G is called the conductance. For a purely reactive circuit

component, the admittance is equal to the reciprocal of reactance, Y = B = 1/X , whereB

is called the susceptance. The admittance of circuit components in parallel add, as shown

by Eq. 3.11.

Yequiv =
∑

parallel

Yp (3.11)

Admittance is a useful property to consider if circuits with parallel components are to

be quickly understood or designed. Note that admittance, conductance, and susceptance

are all in units of 1/ohms, also known as “mhos” or Siemans.
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3.1.2 Transmission Lines

As previously described, RF energy has an associated wavelength, and the guideline

for determining whether a circuit is “electrically large” is if its length scale is larger than

one-tenth of a wavelength. Coaxial cable is commonly used to transmit RF power be-

tween points in a circuit. In a coaxial cable, the RF wave propagates through the dielectric

material between the inner conductor and the outer conductor. Two common materials

used as dielectric material are polytetrafluoroethylene (PTFE), also known as “Teflon,” and

polyethylene. These materials have relative permittivities, εr, that are greater than unity,

and so the wavelength of the RF wave is shorter in these materials than in vacuum.

Relative permittivity is defined as εr ≡ ε/ε0, where ε is used with Eqs. 3.2 and 3.3 to

determine the wavelength. For PTFE, εr,PTFE = 2.1, so the wavelength of 13.56 megahertz

RF energy in PTFE, λPTFE, is approximately 15.3 meters. For polyethylene, εr,PE = 2.25,

and λPE is approximately 14.7 meters. Thus, the lengths associated with the one-tenth of

a wavelength guideline are shorter in coaxial cables than in vacuum. PTFE is vacuum

compatible and has a higher melting temperature than polyethylene, but it is more lossy

and more expensive, and so an engineering trade must be considered when choosing which

coaxial cable to implement.

The electrical length of a transmission line is useful when considering how to model

the transmission line in an electrical circuit. An electrically short cable can be modeled

as a set of discrete circuit components called a lumped element model, shown in Fig. 3.1.

Thus, the behavior of the RF energy through the cable can be simply represented in a circuit

schematic. For a lossless coaxial cable, the series resistance and parallel conductance are

identically zero.

When many short cables are connected in series, an electrically long cable may be

created. A model of a long cable can then be implemented by placing many of the lumped-

element cable sections in series. Such a circuit is considerably more difficult to analyze

than the one in Fig. 3.1. Instead, an electrically long cable may be described by properties
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R L

G C

Figure 3.1: Model of an electrically short (i.e. shorter than one-tenth of the RF wavelength)
section of coaxial cable.

per unit length, as depicted in Fig. 3.2. In the limit where the discrete sections of the coaxial

cable are infinitely short (i.e. ∆x approaches zero), the analysis may be simplified by using

a distributed-element model.

R /Δx L /Δx

G /Δx C /Δx

… 

… Δx Δx Δx Δx

R /Δx L /Δx

G /Δx C /Δx

R /Δx L /Δx

G /Δx C /Δx

R /Δx L /Δx

G /Δx C /Δx

Figure 3.2: Simple model of an electrically long (i.e. longer than one-tenth of an RF wave-
length) transmission line.

In a distributed-element model, the resistance, inductance, conductance, and capaci-

tance of a cable are defined per unit length. For a fixed RF driving frequency, ω, the

sinusoidal, steady-state voltage and current along a one-dimensional, uniform transmission

line then follow Eqs. 3.12 and 3.13, respectively.

dV

dx
= −(R + jωL)I(x) (3.12)

dI

dx
= −(G+ jωC)V (x) (3.13)

These two equations are known as the “transmission line equations” or “Telegrapher’s

Equations” in phasor form, and they describe a traveling wave in the transmission line [80].

From these equations, the characteristic impedance, Z0, for the transmission line can be
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calculated from the electrical properties, as shown by Eq. 3.14.

Z0 =

√
R + jωL

G+ jωC
(3.14)

The cables used for RF transmission are designed to be low-loss. At frequencies greater

than 10 kilohertz, typically ωL � R and ωC � G. Thus, the approximation Z0 ≈
√
L/C is generally used for transmission lines in RF systems. Although transmission

lines can be made in many shapes, one of the most commonly available profiles is the

coaxial cable, which is a center conductor surrounded by an insulating dielectric material,

and concentrically surrounded by an outer conductor, as shown in Fig. 3.3. The electrical

properties of coaxial cables are defined according to the geometry of the cross-section and

the material properties of the dielectric. The characteristic impedance for a coaxial cable is

given by Eq. 3.15, where the variables refer to Fig. 3.3.

Z0, coax =
1

2π

√
µ

ε
ln
(a
b

)
≈ 60
√
εr

ln
(a
b

)
(3.15)

a

b

εr

Figure 3.3: Cross-section of a typical coaxial cable.

Typically, the relative permeability of the dielectric material is unity, µr = 1, and so

Z0 is only dependent on εr. The RF industry has adopted fifty ohms, 50-Ω, as the standard

characteristic impedance for a majority of coaxial cables due to a compromise between
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reducing cable attenuation (theoretical minimum at 77-Ω for air dielectric) and peak power

handling (theoretical maximum at 30-Ω for air dielectric) [79].

Real transmission lines are not infinitely long, and are be terminated at both ends ei-

ther by a power supply or a load. RF power supplies are designed to have an output

impedance that is equal to the transmission line characteristic impedance. However, the

load impedance may be quite different than the characteristic impedance of the power sup-

ply and transmission line. When this is the case, the transmission line acts as a transformer

for the load impedance. For a finite-length transmission line, the load impedance is trans-

formed according to Eq. 3.16, where k is the wave number, defined according to Eq. 3.17,

and l is the distance from the transmission line input to the load [79].

Zin = Z0
ZL + jZ0 tan kl

Z0 + jZL tan kl
(3.16)

k =
2π

λ
(3.17)

Note for a single input RF frequency, the input impedance is equal to the load

impedance if the transmission line length is an integer multiple of a half-wavelength. Some

experiments therefore use a half-wavelength-long transmission line between the matching

network and the load in order to avoid an impedance discontinuity, such as that described

by Kieckhafer and Walker [81].

3.1.3 Impedance Matching

If the load impedance is not equal to the transmission line characteristic impedance,

then an impedance discontinuity exists at the connection between the transmission line and

the load. Ohm’s law must be satisfied everywhere in the system, and because the RF power

is a traveling wave in the coaxial cable, the impedance discontinuity at the load causes a

fraction of the incident RF power to be reflected back toward the power supply. Kirchoff’s
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Figure 3.4: Behavior of RF power at the load end of a transmission line.

current law applies at the load end of the transmission line, and so Eq. 3.20 also applies in

the circuit depicted by Fig. 3.4.

Vf = IfZ0, Vr = IrZ0, VL = ILZL (3.18)

VL = Vf + Vr (3.19)

IL = If − Ir (3.20)

Combining the above equations gives Eq. 3.21, and rearranging this equation gives

the amplitude of the reflected voltage, V−, which is related to the impedance difference

according to Eq. 3.22.

Vf + Vr =
ZL
Z0

Vf −
ZL
Z0

Vr (3.21)

Γ =
Vr
Vf

=
|V−|
|V+|

=
ZL − Z0

ZL + Z0

(3.22)

Reflections cause an RF power system to be less efficient because power that is reflected

cannot be delivered to the load, and instead must be dissipated by the power supply or

cable. Real transmission lines are not perfectly lossless, and so reflected power can also

cause increased dissipation in the transmission line, leading to cable heating. Reflected
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power also creates locations of increased voltage in the transmission line. When there is a

significant amount of reflected power, the voltage in the cable may be high enough to cause

electrical breakdown, even while operating below the cable power rating.

In a real system, the RF power supply is typically placed at some finite distance from

the load. Thus, a transmission line must be used to transmit the RF power from the supply

to the load. In order to eliminate an impedance discontinuity at the load, a circuit of discrete

components must be implemented at the connection between the transmission line and the

load. This circuit is generally referred to as a matching network because its purpose is to

match the load impedance to the transmission line characteristic impedance.

The goal of the matching network is to maximize power transfer from the transmission

line to the load, and so the matching network typically uses low-loss reactive components

(i.e. high Q where Q = X/R) to transform the load impedance to the standard 50-Ω.

Using a smaller number of matching components simplifies the design and analysis of

the matching network, and also reduces the probability of exciting internal self-resonance

modes. The types of matching networks that are typically implemented in RF plasma

systems are named according to the arrangement of the matching circuit components. The

most common types are depicted in Fig. 3.5, and the associated equivalent impedances of

the network and load are given by Eqs. 3.23 – 3.25.

Zeq,L =

(
1

Zshunt
+

1

Zseries + ZL

)−1

(3.23)

Zeq,T = Zseries,1 +

(
1

Zshunt
+

1

Zseries,2 + ZL

)−1

(3.24)

Zeq,Π =


 1

Zshunt,1
+

(
Zseries +

(
1

Zshunt,2
+

1

ZL

)−1
)−1



−1

(3.25)
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L-Type T-Type Pi-Type

Figure 3.5: Matching network types.

3.1.4 Smith Chart

The Smith chart is a commonly used tool for designing RF circuits [80]. Although

images of the Smith chart sometimes look overwhelmingly complicated to the untrained

eye, it is actually a quite simple and very powerful set of coordinates that can be used to

quickly understand and design RF circuits. Impedance is a complex quantity, and so the

Smith chart displays the real and imaginary components of impedance. The horizontal axis

is the real axis, and circles of constant real resistance are tangent to the right side of the

chart. As labeled in Fig. 3.6, the right side of the real axis represents an open circuit, and

the left side of the real axis represents a short circuit. The Smith chart is normalized to the

system characteristic impedance, such that the center of the chart is equal to the character-

istic impedance (typically 50-Ω), and therefore represents a matched condition. Note that

inductance has a positive imaginary impedance, while capacitance has a negative imagi-

nary impedance.

The Smith chart may also be plotted in admittance coordinates, as displayed in gray

in Fig. 3.6, where the admittance coordinates are the same as the impedance coordinates,

but rotated by 180 degrees. Positive susceptance is below the real axis, in the opposite ar-

rangement as reactance. Having both the impedance and admittance coordinates displayed

allows for quick graphical calculations of the components required to match any given load

impedance.

As an example, arbitrarily taking a load impedance ZL = (5 + 45j)Ω in a system with

a 50-Ω characteristic impedance (i.e. Z0 = 50 Ω) Fig. 3.7 shows how the Smith chart may

be used to design a matching network. In the example, an L-type configuration is used
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Figure 3.6: Smith chart showing both impedance and admittance coordinates.

with two ideal capacitors to transform the load impedance to the characterisic impedance.

Referring to Fig. 3.7 and working from the load toward the transmission line, capacitor

“A” is connected in series with the load, and adds −1/ωCA to the reactance of the load

impedance. Switching to the admittance coordinates, capacitor ”B” is then connected in

parallel, and adds ωCB to the susceptance. In this example, the coordinates on the Smith

chart show that −j/ωCA = (0.3j − 0.9j) × 50 Ω = 30j Ω, and jωCB = (0.0j − 3.0j) ×

(1/50) Ω−1 = 0.06j Ω−1. For a 13.56 MHz system, the matching capacitors have the values

CA = 391 pF and CB = 704 pF in order to match ZL to 50-Ω.
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Figure 3.7: Smith chart showing matching network design procedure.

3.2 Plasma

Simply stated, plasma is an ionized gas that collectively reacts to externally applied

electric and magnetic fields. Typically thought of as being “the fourth state of matter,”

the characteristic property of a plasma is that a significant portion of the gas is electrically

charged. It is this electric charge that allows the particles to interact with electric and

magnetic fields thought the Lorentz force, given by Eq. 3.26, where m is the particle mass,

~v is the particle velocity, t is time, q is the particle charge, ~E is the electric field, and ~B is

the magnetic field.

m
d~v

dt
= q( ~E + ~v × ~B) (3.26)

The forces acting on charged particles are a function of mass, charge, and velocity.

Because there can be a large disparity in the the mass and temperature of the ions and
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electrons, the time-dependent behavior of a plasma may be very complicated. The differ-

ent time scales associated with different physics are typically expressed as frequencies. A

higher characteristic frequency corresponds to a faster time scale.

By definition, a plasma also has approximately an equal number of positive and neg-

ative charges, such that the sum of charge over the entire plasma is nearly equal to zero.

This property is referred to as quasineutrality, and this is expressed by qni ≈ ene. Al-

though the plasma is quasineutral, the ions and electrons are able to move relative to each

other, creating spontaneous regions of net charge density. This charge separation creates

an electric field that can be determined from Poisson’s equation, Eq. 3.27, where ρq is the

charge density.

∇ · ~E =
ρq

ε0

(3.27)

The electric field exerts a force on the charged particles, ~Fel, causing an acceleration

determined by Eq. 3.28.

~Fel = q ~E (3.28)

Because the ions are much heavier than the electrons, one may assume that the ions

are stationary, and that the electric field force acts to change the velocity of the electrons,

according to Eq. 3.29, where ~ve is the electron velocity.

me
d~ve
dt

= −e ~E (3.29)

To simplify the analysis, the behavior is examined in one dimension in Eqs 3.30 – 3.32.
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dE

dx
=
ρq

ε0

(3.30)

dE

dt
=
dE

dx

dx

dt
= ve

ene
ε0

(3.31)

d2ve
dt2

=
e

me

dE

dt
= ve

(
e2ne
meε0

)
(3.32)

Equation 3.32 describes oscillatory behavior, which in the plasma represents the “slosh-

ing” of electrons about the ions. The time scale of this behavior is described by a charac-

teristic frequency called the electron plasma frequency, ωp, given by Eq. 3.33.

ωp =

√
q2ne
meε0

(3.33)

Because the plasma has a temperature associated with it, this oscillatory behavior nat-

urally arises from thermal motion of the charged particles. This example illustrates the

time-dependent nature of plasma physics. Note that this analysis could also be performed

for ions to obtain an ion plasma frequency. In a quasineutral plasma, ωpe � ωpi because

ωpe/ωpi ≈
√
mi/me.

The collective nature of a plasma acts to shield out external electric fields from the bulk

population. The characteristic length over which the plasma able to collectively re-arrange

charges is called the Debye Length, λD, and is given by Eq. 3.34.

λD =

√
kBTe
nee2

(3.34)

In an infinitely large plasma, spontaneous electric fields may develop over length scales

of a few Debye lengths. In laboratory plasma systems, some part of the plasma inter-

acts with a material surface, around which the plasma forms a sheath. The sheath is not
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quasineutral, and the thickness of the sheath is generally on the order of a few Debye

lengths. Note that the Debye length is a function of the electron temperature and density.

The characteristic speed for the plasma can be found by multiplying the ion plasma

frequency by the Debye length. This speed is referred to as the Bohm speed or the ion

acoustic speed, and is shown in Eq. 3.35.

vB =

√
kBTe
mi

(3.35)

If the plasma is not bounded by a material surface, then the Bohm speed represents the

speed at which ions and electrons collectively propagate through free space. This is also

known as the ambipolar speed.

The plasmas used in space propulsion systems are generally operated at low pres-

sure. Electrostatic propulsion systems in particular use non-thermal, low-temperature plas-

mas; non-thermal because they are not in thermodynamic equilibrium, and so the ion and

electron energy distributions are characterized by much different temperatures, and low-

temperature because the isotropic part of the ion energy distribution is at a temperature

that is not much greater than room temperature. This type of plasma is common in every-

day life, as it is the same type of plasma that powers fluorescent light bulbs, neon signs,

and flat-panel displays. Non-thermal, low-temperature plasmas are characterized by weak

ionization (i.e. only a small fraction of the gas is ionized). Therefore, the behavior of the

uncharged gas, typically referred to as the neutrals, also has a strong effect on the plasma

properties.

Because the neutrals are not influenced by electric or magnetic fields, they only inter-

act with the electrons, ions, and other neutrals in the plasma through collisions. The length

scale that is relevant for neutral behavior is the mean free path mentioned previously, which

is the average distance that a gas particle will travel before it experiences a collision with

another gas particle. Typically, the individual gas particles are modeled as hard-spheres or
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“billiard balls.” The mean free path for a homogeneous, single-species, neutral ideal gas

is given in Eq. 3.36, where ng is the neutral gas density and σm is the cross-section for a

momentum-exchange collision. Note that if the length scale of an open system is much

smaller than the mean free path, it is unlikely that particles will participate in collisions

before leaving the system.

λmfp =
1

ngσm
(3.36)

The expected time between collisions for the neutral gas particles determines the char-

acteristic time scale for the neutral gas, which is expressed as the collision frequency, νm.

The collision frequency is a function of the number density of the gas, ng, the hard-sphere

cross-sectional area of the colliding particles, σm, and the relative velocity of the inter-

acting particles, v, according to Eq. 3.37. Note that the product of the cross-section and

the velocity is expressed in angle brackets because the cross-section is a function of the

interaction velocity.

νm =
v

λmfp
= ng〈σmv〉 (3.37)

The neutral gas is typically assumed to have an isotropic, Maxwellian velocity distri-

bution, and so the temperature of the gas defines the mean speed of the neutrals according

to Eq. 3.38. This velocity is referred to as the thermal velocity, vth.

vth =

√
8kBTg
πmg

(3.38)

The full equation of motion for the charged particles in the absence of a magnetic field

is given by Eq. 3.39.

mn
dv

dt
= nqE −∇ · n−mnνv (3.39)

Assuming that the particles are isothermal and at steady-state, Eq. 3.39 can be re-

arranged as Eq. 3.40.

v =
q

kBT
E − kBT

mν

∇n
n

(3.40)
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The transport of particles due to density gradients can then be described by the diffusion

coefficient, D, given by Eq. 3.41. Eq. 3.40.

D =
kBT

mνm
(3.41)

Charged particle transport due to electric fields can be described by the mobility, µ,

given by Eq. 3.42.

µ =
q

mνm
(3.42)

Typically, it is assumed that collisions within the plasma cause the electrons to have an

energy distribution, f(ε), that is Maxwellian and described by a temperature, Te, according

to Eq. 3.43, where kB is the Boltzmann constant.

f(ε) =
2√
π

(kBTe)
−3/2ε

1/2 exp

(
−ε
kBTe

)
(3.43)

In most low-pressure, low-temperature plasma systems, collisions between electrons

and neutrals are responsible for most of the ionization events, termed electron-impact ion-

ization. The population of electrons at higher energy that can participate in ionization

events increases with temperature, as shown in Fig. 3.8.

The cross-section for collisional processes is also a function of the interaction energy.

The rate constant of an electron-impact process l, kl, accounts for these competing effects,

as calculated by Eq. 3.44. Figure 3.9 shows how the rate constants in argon are a function

of the electron temperature.

kl =

∞∫

0

f(ε)

(
2ε

me

)1/2

σl(ε) dε (3.44)
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Figure 3.8: Maxwellian electron energy distribution functions for 3 eV and 10 eV electron
populations.
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Figure 3.9: Argon rate coefficients versus electron temperature.
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3.2.1 Magnetic Field Interactions

As shown by Eq. 3.26, a force can be exerted on a charged particle with both electric and

magnetic fields. Although magnetic fields will not influence a stationary charged particle,

the probability of a stationary particle existing within a plasma is zero. Another impor-

tant equation when considering charged particles in a magnetic field is Eq. 3.45, which

states that no magnetic monopoles may exist in nature. Physically, this means that a static

magnetic field cannot deposit power into the plasma.

∇ · ~B = 0 (3.45)

Looking again at Eq. 3.26, magnetic fields can only impose a force that is perpendicular

to both the charged particle direction of motion and the magnetic field direction. Therefore,

in the absence of an electric field, a single charged particle in a uniform magnetic field will

travel unimpeded parallel to the magnetic field, but will only travel in circles perpendicular

to the magnetic field. This means that the average motion of the plasma across the magnetic

field can be severely restricted compared to motion along the magnetic field, and so the

properties of a magnetized plasma can be highly anisotropic. For ease of analysis, the

coordinate system for the magnetized plasma is typically transformed to be aligned with

the magnetic field. Therefore, instead of using Cartesian coordinates for velocity, (vx, vy,

vz), the plasma is described by the velocity components that are perpendicular and parallel

to the magnetic field, (v‖, v⊥).

Plasma is a diamagnetic material, and so the circular motion of the charged particles

about the magnetic field lines will act to oppose the applied magnetic field. The circular

motion has an associated characteristic time and length scale that are called the cyclotron

frequency or gyrofrequency, ωc, and the Larmor radius or gyroradius, rL, and these are

shown by Eqs. 3.46 and 3.47, respectively. Typically, the perpendicular velocity is assumed

to be the same as the thermal velocity, and ions are assumed to be singly-charged, so the
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gyroradius is proportional to
√
mT/B. Because the ions are much more massive than the

electrons, even in a non-thermal plasma typically rL,i � rL,e.

ωc =
qB

m
(3.46)

rL =
v⊥
ωc

(3.47)

The guiding center of motion for a charged particle in a uniform magnetic field theo-

retically cannot cross the magnetic field lines. However, in a real plasma there are many

particles and collisional interactions can “bump” the charged particles across the magnetic

field. If collisional interactions occur at a faster rate than the electron cyclotron frequency

(i.e. νm � ωc), then the effects of the magnetic field are unimportant for charged particle

transport. The same is true if the length scale of the system perpendicular to the magnetic

field is much smaller than the electron gyroradius.

The diffusion coefficient and mobility given in Eqs. 3.41 and 3.42 described charged

particle transport in the absence of a magnetic field. These equations still hold when de-

scribing motion parallel to a magnetic field, but to describe transport perpendicular to mag-

netic fields, the equations must be modified according to Eq. 3.48.

(D, µ)⊥ =
(D, µ)

1 +
(
ωc
νm

)2 (3.48)

Because the individual coefficients may be very different for ions and electrons, the

perpendicular coefficients are typically combined to give a coefficient that describes the

net transport of both ions and electrons across the magnetic field lines, called the cross-

field ambipolar diffusion coefficient, D⊥,a, and given by Eq. 3.49.

D⊥,a =
µ⊥,iD⊥,e + µ⊥,eD⊥,i

µ⊥,i + µ⊥,e
(3.49)
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Assuming the ion mobility is much greater than the electron mobility, the cyclotron

frequency is much greater than the electron collision frequency, and the electron tempera-

ture is much greater than the ion temperature, an expression for the cross-field diffusion of

electrons is given by Eq. 3.50 [82].

D⊥,e = 1.66× 10−12 ne

T
1/2
e B2

in
m2

s
(3.50)

One active area of research in EP is the use of a magnetic field that is aligned with

the thrust axis. This arrangement is sometimes referred to as a magnetic nozzle because

the behavior in such devices is described similarly to a converging/diverging gasdynamic

nozzle [83]. The issue that is then of greatest concern is the detachment of the plasma

from the magnetic field [84, 85]. In addition to the statement that a static magnetic field

cannot impart energy to a plasma, Eq. 3.45 also states that magnetic fields only exist as

closed loops. For an EP system with a magnetic field parallel to the thrust axis, this means

that the magnetic field must curve around and impinge somewhere on the spacecraft. Al-

though a detailed study of the physics in the diverging part of the magnetic field is beyond

the scope of this work, it should be noted that there are certain specific assumptions that

must hold true in order for a plasma to be considered magnetized. Besides the collision

frequency and length scale considerations previously mentioned, the assumptions given by

Eqs. 3.51 and 3.52 state that the magnetic field must change slowly relative to the streaming

motion of the charged particles.

∂B

∂t
� 1

ωc
(3.51)

~v
∂B

∂s
� 1

ωc
(3.52)

The effects of high curvature, low magnetic field strength, low pressure, and low plasma

temperature may also allow complicated drift motions to exist in the exit and detachment
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regions of magnetic nozzle devices. In regions of the plasma where the magnetic fields are

sharply curved, there are drift motions associated with ∇B drift, and curvature drift that

may cause the plasma to exhibit anomolous transport behavior. Most of these drift motions

will enhance the plasma’s cross-field mobility.

3.2.2 RF Plasma

In order to impart energy to the plasma, an electric field is applied to exert a force

on the electrons and ions. Accelerated electrons interact with the heavy particles through

collisions, which cause momentum transfer, excitation of higher electron energy modes,

and ionization. These collisional processes occur at rates related to the densities of the

interacting particles, and the rate constants that are calculated according to Eq. 3.44. The

electric field may be applied either by a DC electric field, or an oscillating voltage or cur-

rent, for example at a frequency ω. For plasmas excited by the application of RF voltages

and currents, stochastic or collisionless heating in the sheath can also impart energy to the

electrons.

The properties of the plasma may be affected by the coupling mode by which RF en-

ergy is imparted to the electrons. Three main coupling modes are typically described in

the literature: capacitive coupling, inductive coupling, and wave coupling. Textbooks dis-

cuss the details of the physical mechanisms present in each, for example by Lieberman and

Lichtenberg [86].

Capacitively coupled plasmas are characterized by high voltage sheaths, high electron

temperatures, and low plasma densities. Electrode materials are typically in direct con-

tact with the plasma, and so ion bombardment can sputter electrode materials into the

bulk plasma. This may cause two undesired effects: erosion or slow disintegration of the

discharge driving electrodes, and introduction of undesired material into the discharge or

plasma process.

Inductive plasmas couple energy into the electrons through an oscillating magnetic
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field. A large, time-varying current is driven through an antenna, and the axial magnetic

field produced by this current couples to the plasma through an azimuthal electric field that

is created due to Faraday’s law, given in Eq. 3.53.

∇× ~E = −∂
~B

∂t
(3.53)

Inductively coupled plasmas typically have a much colder electron population than ca-

pacitive plasmas, but can create much more dense plasma. The antenna for an inductively

coupled plasma is generally not in contact with the plasma, eliminating many of the sputter-

ing and erosion problems of capacitive plasmas; however, due to the lower voltage sheaths,

it is generally more difficult to initiate an inductive discharge.

Helicon plasma sources are an example of a wave-heated plasma. Helicon waves are

bounded, right-handed, circularly polarized electromagnetic waves that propagate along a

magnetic field. Helicon plasma sources generally consist of an antenna and solenoid mag-

nets surrounding an insulating dielectric tube. A gas fills the tube, typically to a pressure

≈ 1 mTorr, RF power is applied to the antenna, typically at 13.56 MHz, and a magnetic

field is applied parallel to the axis of the tube. The antenna is shaped to excite helicon wave

modes in the gas, and particle-wave interactions from Landau damping and Trivelpiece-

Gould coupling deposit the RF power into the plasma species [87].

Plasma naturally has oscillatory behavior at frequencies dependent on the properties

of the plasma. Wave-heated plasma sources use this oscillatory behavior to couple power

into the ions and/or electrons by exciting resonances at the natural oscillation frequencies.

Textbooks describe the multitude of waves that naturally occur in plasmas, for example

by Stix [88]. Helicon plasma sources generate a specific type of wave-heated plasma that

utilizes the helicon wave to deposit power into the plasma.

Helicon plasma sources have been studied since the 1960’s, with early studies focusing

on their ability to efficiently produce high-density, low-temperature plasma for materials
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processing [89, 90]. The theory of helicon wave propagation assumes that the RF driving

frequency is high enough such that ion motion can be neglected, but low enough such that

electron cyclotron motion can be neglected. The axial wavelength of the helicon wave, λz,

is determined by the axial magnetic field strength, Bz, the RF driving frequency, fRF, and

the density of the plasma, ne, according to Eq. 3.54. Note that the RF driving frequency is

typically set by a power supply, and a half-wavelength-long antenna is employed with the

intent to ionize a large fraction of the gas flowing in a system based on the applied axial

magnetic field strength.

λz =

(
2πBz

eµ0nefRF

)1/2

(3.54)

Although most helicon experiments use a cylindrical geometry, previous work has also

demonstrated the operation of an annular helicon source [91]. Theoretical considerations of

annular helicon waves suggest that the maximum power deposition requires careful choice

of antenna and frequency [92].
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CHAPTER 4

Thrusters

In order to investigate whether air-breathing EP may benefit from the implementation

of RF plasma technology, measurements of the performance of two thrusters were taken

at the Plasmadynamics and Electric Propulsion Laboratory (PEPL). The performance re-

quirements of an air-breathing propulsion system were determined in Chapter 2, and the

thrusters described in this chapter are chosen based on the likelihood that they have the

appropriate performance characteristics. The first thruster described is the Radio frequency

Plasma Thruster (RPT), and is designed primarily based on helicon plasma source scaling.

The second thruster is the Helicon Hall thruster (HHT), and is a two-stage thruster that

employs an RF ionization stage intended to increase the performance of a Hall thruster

operating at high thrust-to-power. This chapter describes the two thrusters in detail.

4.1 Radio frequency Plasma Thruster

Much development work toward using helicon sources in EP systems has been per-

formed. Some work involves the use of a helicon source alone as a thruster [69,71,93,94],

and some attempts to use the helicon source as an ionization stage with a separate ac-

celeration stage [67, 95, 96]. Measurements of helicon sources operating with argon have

suggested that they produce an exhaust ion beam with an energy that corresponds to an

approximately 30 volt acceleration [73, 97, 98]. Recalling the results from Chapter 2, this
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places the exhaust velocity in the range desired for an air-breathing propulsion system. Al-

though most helicon experiments focus on the use of argon in order to simplify analysis of

the physics, measurements also suggest that helicon plasma sources are able to accelerate

other gases, including nitrogen [99]. One major benefit of helicon plasma sources is that

they do not require a thermionic cathode to operate. As discussed above, this would miti-

gate the materials compatibility issues in an air-breathing system that would be present in

other types of thrusters.

The Radio frequency Plasma Thruster (RPT) is a propulsion device that is designed to

excite a helicon wave in the propellant gas. The helicon wave is only excited in an axial

magnetic field, and Eq. 3.54 implied that a stronger magnetic field enables the production

of higher plasma densities. The stronger axial magnetic field also insulates the plasma from

the thruster, potentially improving thruster lifetime. However, in order to produce thrust,

the plasma generated by the RPT must detach from the diverging axial magnetic field in

the exhaust region. How the magnetic field shape and strength affects plasma detachment

and thruster efficiency is an active area of research [83–85], and so the RPT is designed to

be capable of producing a wide range of magnetic fields.

4.1.1 Preliminary Investigations

In order to determine whether a helicon source may be appropriate for use as a plasma

thruster with atmospheric gases, a helicon source was first constructed at PEPL to take

measurements of plasmas created with argon, nitrogen, and air, as shown in Fig. 4.1.

Most helicon experiments operate with argon, and it is commonly known that heli-

con coupling modes are indicated by the presence of a “blue core” in the plasma column.

The “blue core” refers to light in the blue wavelengths of the visible spectrum, which is

known to indicate intense emission of argon ions (Ar II) and the presence of helicon wave

modes [100, 101]. Figure 4.2 shows photographs and emission spectra of argon operation

with and without a blue core. The appearance of a blue core gave a strong indication that
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Figure 4.1: Setup of helicon plasma source for preliminary investigation.

helicon waves were excited in the preliminary helicon experiments at PEPL. One method

for confirming that helicon waves are present is by using a B-dot probe to measure the

RF-magnetic-field fluctuations induced in the plasma by the helicon wave [102].

Although less pronounced than with argon, visible changes in the plasma indicated that

higher coupling modes may also be achieved with nitrogen. Changes in the shape of the

plasma when operating with nitrogen at higher powers correlated with the appearance of

additional peaks in the emission spectra, as shown in Fig. 4.3. This gave an indication that

a higher ion density was being produced. As was previously discussed, the appearance

of a blue core in an argon helicon plasma is due to the emission spectrum of argon ions.

The most intense emission lines of diatomic nitrogen ions are in the ultraviolet part of the

spectrum [103]. Thus, any core structure may not have been readily visible.

4.1.2 RPT Design

The RPT is designed to test whether a helicon plasma source can be an effective thruster

for the purpose of enabling a long-lived, air-breathing spacecraft. Using the air-breathing

spacecraft and atmospheric model from Chapter 2, a spacecraft with a one-square-meter

inlet area in a circular orbit between 170 and 230 kilometers has an inlet mass flow rate of
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Figure 4.2: Optical emission spectra and photographs showing presence of “blue core” when
operating with argon. Known argon ion lines are identified [104]. Photographs look along the
center axis of the glass tube shown in Fig. 4.1, along the center axis of tube.
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+
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Figure 4.3: Optical emission spectra looking along center axis of tube during nitrogen opera-
tion at low (top) and high (bottom) power. Rotational-vibrational modes of neutral N2 are ex-
cited at both low and high powers. Molecular nitrogen ion lines appear at high power. A strong
neutral atomic nitrogen line may indicate dissociative recombination of N+

2 [103, 105–108].
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approximately 1 to 7 milligrams per second, or a number flow rate, ṅ of about 3.0 × 1016

to 1.8 × 1017 per second. Because most helicon plasma sources in the laboratory operate

at a pressure of approximately 1 millitorr, the diameter of the tube is sized such that the

operating pressure in the tube is one millitorr. When testing in the laboratory, the propellant

comes from a compressed gas cylinder, and so the inlet temperature of the gas, Tg, is

approximately room temperature, 290 degrees kelvin. Based on these assumptions and

scalings, the diameter of the source tube should be 4 to 11 centimeters to operate at the

number density of a typical helicon experiment with either argon or nitrogen propellant.

From the number density in the tube, the magnetic field strength and antenna length

are chosen based on the helicon wavelength scaling from Eq. 3.54. Taking the RF driving

frequency to be 13.56 megahertz, and assuming that 10% of the propellant will be ionized

at any given time, the helicon wavelength, λz, will have the scaling given by Eq. 4.1, where

Bz is the axial magnetic field strength.

λz[m] = 0.83
√
Bz[T ] (4.1)

While a 10% ionization fraction is large for conventional low-temperature plasmas,

this is not an unreasonable estimate for designing the RPT based on Langmuir probe mea-

surements in other helicon plasma sources [82]. Equation 3.54 showed that higher plasma

densities can be achieved for a given helicon wavelength with a higher magnetic field.

Previous studies have also suggested that longer antennas may have higher coupling effi-

ciencies. However, the solenoid coils that produce the magnetic field are made of copper,

and due to the relatively large diameter of the source tube, an engineering trade study must

be made to compromise between the magnetic field strength, the weight of the magnet as-

sembly, and the price of the copper magnet wire. For the RPT, the compromise is made at

a magnetic field strength of 0.1 tesla, or 1000 gauss. At this magnetic field strength, the

dominant m = +1 helicon mode has an axial wavelength of 26 centimeters.
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Table 4.1: RPT Design Summary.

Property Value

Inlet Ainlet = 1 m2

Altitude h = 170–230 km
Mass Flow Rate ṁpr = 1–7 mg/s

Operating Pressure Ptube = 1 mTorr
Driving Frequency fRF = 13.56 MHz

Helicon Wavelength λz = 26 cm
Magnetic Field Bz = 0.1 T

4.1.3 RPT Assembly

The RPT is an assembly of six solenoid coils surrounding a quartz tube and an antenna,

and surrounded by a low-carbon steel case, as shown in cross-section in Fig. 4.4. The RPT

is designed to be a cohesive unit, such that all the components, including the magnets,

quartz tube, and antenna, are fixed in place relative to each other. This design feature is

unique to the RPT among other RF/helicon thruster experiments [68, 69, 109]. The RPT

is also designed as a rapidly reconfigurable experiment, such that the internal components

can be replaced with relative ease. An exploded view of the RPT components is shown in

Fig. 4.5.

The low-carbon steel case enhances the magnetic capabilities of the RPT. The steel case

increases the magnetic field strength and uniformity in the quartz tube, and also enables a

steep magnetic field gradient at the exit. The magnet assembly, including the solenoids and

the steel case, is capable of producing a uniform axial magnetic field up to 0.11 tesla in

the quartz tube. Although the performance measurements reported in this dissertation refer

to simulated magnetic field strengths, measurements of the magnetic field profile were col-

lected at atmospheric pressure for multiple solenoid currents with a Lake Shore Cryotronics

Model 460 3-channel Gaussmeter, and the measured magnetic fields were less than ±1%

different from the simulated fields [93].
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Figure 4.4: Cross-section of the RPT with major components and dimensions labeled.

Steel Endplate (x2) 

Spacer guide rods (x2) 

Quartz tube support (x2) 

Steel sleeve 

RF antenna 

Aluminum base plate 

Quartz tube plasma insulator 

Stainless magnet 
supports (x2) 

Magnet spacers (x4) 

Electromagnets (x6) 

Figure 4.5: Exploded view of RPT assembly without flexible mica sheet.

The RPT quartz tube has an inner diameter of 9.0 centimeters and an internal length of

38.1 centimeters, and it electrically isolates the plasma from the antenna and magnets. The
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Figure 4.6: RPT antenna details.

antenna is a bifilar, half-turn helical antenna (also known as a “Twisted Nagoya” antenna)

that is intended to excite the m = +1 helicon wave [110]. Shown in Fig. 4.6, the antenna

is machined from a single piece of copper, and it has two copper leads that extend from

the RPT body. The leads are welded directly to the antenna where a short section in the

center of one of the helical sections is removed. Although not shown in the exploded view,

multiple layers of flexible mica sheet hold the antenna tightly in the center of the magnet

assembly.

4.2 Helicon Hall Thruster

Hall thrusters were first employed in space by the former Soviet Union in the 1970’s, but

it was not until the early 1990’s that significant Hall thruster development work occurred in

the United States [111]. Current Hall thruster research activities primarily focus on improv-
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ing thruster lifetime [112], using propellants other than the traditional xenon [113, 114],

increasing the power and thrust density [115, 116], and extending the range of perfor-

mance [117, 118]. The success seen by many of these research efforts show that Hall

thrusters are a robust and versatile technology.

As previously discussed, an air-breathing thruster would be most directly applicable

to a mission with a long lifetime, and Hall thrusters have well-characterized life-limiting

mechanisms due to the erosion of thruster materials. Recent experiments have shown that a

Hall thruster can be operated in such a way that the erosion is dramatically reduced, imply-

ing that Hall thruster lifetime can be significantly increased [52]. Although that work was

performed only with xenon, the concept is likely applicable for use with other propellants.

If Hall thruster lifetime can be extended with other gases, nitrogen and oxygen in particu-

lar, then Hall thrusters would be a much more viable option for an air-breathing spacecraft.

The Helicon Hall Thruster (HHT) was constructed to attempt to improve the total effi-

ciency of a Hall thruster operating at high thrust-to-power with xenon. For Hall thrusters,

“high thrust-to-power” is synonymous with low-voltage operation. At the lowest feasible

altitudes, the accelerating voltages required for drag compensation of an air-breathing elec-

tric propulsion system are very low for a typical Hall thruster. Thus, the HHT is designed

to operate closer to the operating parameters of interest for an air-breathing electric propul-

sion application.

The performance characteristics of Hall thrusters operating with alternative propellants

are not well-characterized, and theory predicts that the efficiency and thrust of a traditional

Hall thruster will be much lower when operating with alternate propellants, simply due to

the higher ionization energy and lower mass of the lighter propellant species. In order to

investigate whether the performance characteristics of a Hall thruster operating with atmo-

spheric gases can be improved, the HHT was operated with argon and nitrogen propellant.

The HHT experiments presented in this dissertation are an investigation into the use of al-

ternative propellants in Hall thrusters. The HHT Hall acceleration stage is operated with the

79



RF ionization stage to determine if the overall efficiency can be increased at high thrust-to-

power. This section briefly describes the theory of the HHT operation, and also discusses

its novel design features.

4.2.1 HHT Principle of Operation

The HHT is a two-stage Hall thruster concept that is designed to utilize the efficient

ionization of a helicon plasma source with the acceleration mechanism of a Hall thruster.

In particular, the HHT was designed to excite annular helicon wave modes in the plasma in

the upstream section of the discharge chamber of a Hall thruster [119]. Figure 4.7 shows

an illustration of the HHT cross-section with the major components labeled.
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Figure 4.7: HHT notional sketch.

In the first stage, RF power is applied to the helicon antenna to ionize the neutral pro-

pellant flowing out through the gas distributor. An applied axial magnetic field in the same
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region allows the antenna to couple annular helicon waves into the ionized propellant just

downstream of the gas distributor, increasing the ionization efficiency.

In the second stage, a radial magnetic field and a voltage applied between the the anode

and an external hollow cathode create a traditional Hall accelerator. Electrons emitted from

the hollow cathode neutralize the ion beam exiting the discharge channel. Some electrons

also travel into the discharge channel, where they become trapped by the radial magnetic

field, concentrating the electric field into a very small region. Note that the topology of the

magnetic field is critical to the efficient operation of the HHT.

4.2.2 HHT Assembly

The HHT was designed mainly at ElectroDynamic Applications, Inc., with partners

from Aerojet. Figure 4.8 shows a photograph of the assembled HHT. The acceleration

stage of the HHT is designed to use auxiliary electrodes with an external cathode to create

the traditional Hall accelerator, with the auxiliary electrodes shown in the photograph. For

more detailed discussions regarding the HHT design, see Martinez et al. [117] and Peterson

et al. [120].

4.2.3 Previous Work

The first two-stage performance measurements of the HHT operating with xenon pro-

pellant showed a trend suggesting that performance was improved by applying higher lev-

els of RF power to the helicon antenna [120]. Upon further investigation, the possibil-

ity arose that an improperly implemented RF power delivery system was used, and that

Electromagnetic Interference (EMI) may have been affecting the thrust measurements. So,

a follow-on study was performed with a different RF power delivery system to confirm the

original results.

During the follow-on study, the auxiliary electrodes were removed, and the propellant

distributor was used as the Hall accelerator anode. The results presented in this disser-

81



Image Credit: ElectroDynamic Applications, Inc.

Figure 4.8: Photograph of HHT.

tation were taken during the follow-on study. The follow-on study repeated and further

investigated some of the original xenon operating conditions. The performance of the HHT

operating with argon and nitrogen was also measured during the follow-on study.
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CHAPTER 5

Experiment Setup

The RPT and HHT are experimental space propulsion systems, and so all experiments

are performed in a vacuum chamber to simulate the space environment. A very low back-

ground pressure and far-removed chamber walls are desired to reduce any facility effects

that would not be present in space. Because both thrusters under investigation use RF

power, the RF engineering principles described in Chapter 3 were followed when imple-

menting the RF power transmission system.

This chapter describes the vacuum facility, the RF power delivery system, and the di-

agnostics used to characterize the RPT and HHT. Plasma properties in the exhaust plume

were measured concurrently with thrust and telemetry. The performance parameters of

thrust, specific impulse, and efficiency were determined by the propellant mass flow rate,

the force measured by an inverted pendulum thrust stand, the net RF power measured by

a dual-directional coupler, and other thruster telemetry data. The plasma plume properties

of interest include the total ion beam current, ion beam average kinetic energy, and exhaust

plume divergence. These properties are determined by a nude Faraday probe, a Retarding

Potential Analyzer (RPA), and a commercial Langmuir probe.

5.1 Test Facility

All experiments were performed in PEPL’s Large Vacuum Test Facility (LVTF) at

the University of Michigan. The LVTF is a 6-meter diameter by 9-meter long cylindri-
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cal, stainless-clad steel vacuum chamber. Seven CVI TM-1200 nude (reentry) cryopumps

maintain the pressure in the LVTF with a combined pumping speed of 500,000 liters per

second on air or 245,000 liters per second on xenon. The pressure in the LVTF is measured

by a nude Bayert-Alpert ionization gauge. A Varian XGS-600 gauge controller powers the

ionization gauge and reads out a pressure. The corrected chamber pressure, p, is calcu-

lated from Eq. 5.1, where pob is the pressure indicated by the XGS-600. The gas correction

factors, Cgas, are 1.20 for argon, 2.87 for xenon, and 1.00 for nitrogen.

p =
pob − pb
Cgas

+ pb (5.1)

During the experiments reported in this dissertation, the LVTF base (no load) pressure,

pb, was measured to be 7.4× 10−8 Torr.

5.2 RF Power System

As the previous discussion of RF engineering principles implied, the details of the

implementation of the RF power delivery system are critical to ensure a proper characteri-

zation of the thruster efficiency. A diagram of the RF electrical setup in the LVTF is shown

in Fig. 5.1.

The goal of the RF power transmission system is to transfer as much energy as possible

from the RF generator to the plasma. As previously discussed, any RF power system with

a standard 50-Ω characteristic impedance that delivers power to a non-50-Ω load requires a

matching network to transform the load impedance to 50-Ω. Otherwise, a large impedance

discontinuity at the load will cause most of the incident RF power to be reflected back the

transmission line toward the generator. The impedance of an antenna-and-plasma load is

generally different for different operating conditions and coupling modes (e.g. capacitive,

inductive, helicon). Thus, a manually-tunable matching network was implemented to com-

pensate for the anticipated range of load impedances.
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Figure 5.1: Diagram of RF power system in LVTF.

For the RF power system implemented in the LVTF, a Comdel CPS-3000 RF genera-

tor supplies power at a fixed frequency of 13.56 megahertz and a 50-Ω output impedance.

The maximum output power is 3000 watts. The CPS-3000 has an internal protection circuit

that automatically limits the forward power output when reflected power exceeds 600 watts.

Standard 50-Ω RG-213 coaxial cable carries the RF power from the CPS-3000 output port

to a hermetically-sealed, 50-Ω bulkhead connector at the LVTF wall that acts as a vacuum

feedthrough. Inside the LVTF, a 5-meter length of 50-Ω RG-393 coaxial cable transmits the

RF power from the feedthrough to the thrust stand support structure. To minimize forces

on the thrust stand due to thermal expansion of the RF cable, the final connection to the the

matching network is made with a 0.66-meter length of RG-393 that is arranged perpendic-

ular to the thrust axis, as shown in Fig. 5.2. Thus, a 50-Ω system is maintained from the

RF generator to the matching network on the thrust stand. This is a feature that is unique

to the RF power delivery system at PEPL.

No coaxial cable is perfectly lossless, and so a small amount of the RF power will be

dissipated in the cable, leading to cable heating. It is well-known that for a given forward

power, the amount of power dissipated in a coaxial cable increases with increasing re-

85



flected power [121]. Thus, an RF power delivery system aims to minimize reflected power

not only to increase the efficiency of the system, but also to prevent the coaxial cable from

overheating. To ensure that the cable does not approach its maximum temperature rating

of 200 degrees celsius, three thermocouples are placed on the outside of the RG-393 RF

power cable shown in Fig. 5.2, and their outputs are monitored throughout the experiment.

The thermocouples were slightly affected by EMI when RF power was used with either the

RPT or HHT. However, the thermocouples return to normal operation when RF power is

turned off.

Without a matching network, very little power will be delivered to the plasma because

the impedance of the antenna-and-plasma system is typically quite different than 50 Ω. In

most RF systems, the forward and reflected power are measured inside the generator or in

a 50-Ω transmission line section upstream of the matching network input port. The power

that is transmitted downstream of the matching network may be dissipated, radiated, or

coupled away from any conductor that is connected to the matching network output leads.

Without a direct measurement of the current and voltage at the antenna input leads, the

actual power delivered to the antenna is unknown.

In order to increase the likelihood that the RF power measured at the matching network

input port represents the power delivered to the thruster antenna, the matching network

is placed on the thrust stand and connected to the antenna with the shortest output leads

possible. Following from the one-tenth RF wavelength guideline discussed in Chapter 3,

the short output length scale decreases the probability of power radiating or coupling away

prior to the antenna. Furthermore, all RF electrical connections in the matching network

are made with a large surface area to minimize contact resistance, and high-Q matching

capacitors are used to minimize dissipation in circuit components.

The matching network used to couple power to the RPT and HHT antennas is in an

L-type configuration. Two vacuum variable capacitors in the matching network are man-

ually adjusted using DC motors that are remotely controlled from outside the LVTF. The
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shunt or “load” capacitor is a vacuum variable capacitor manufactured by Comet. The

measured capacitance range of the load capacitor was 50 to 1150 picofarads. The series

or “tune” capacitor is a Jennings model UCS-500-15S, with a capacitance range of 25

to 500 picofarads and a withstanding voltage rating of 15 kilovolts. The range of output

impedances that the matching network can provide is designed to encompass the conjugate

of the vacuum impedance of the antenna, which was measured to be (0.001 + 13.6j)Ω at

13.56 megahertz using an Agilent E5071C network analyzer.

Faraday 

Probe

Directional 

Coupler

Thrust 

Stand

RPT

Matching 

Network

RF Power 

Cable

Figure 5.2: Photograph of the RPT experimental setup in the LVTF.
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5.3 Performance Diagnostics

Plasma properties in the thruster exhaust plumes are measured concurrently with per-

formance. The performance parameters of thrust, specific impulse, and efficiency are de-

termined by the propellant mass flow rate, the force measured by an inverted pendulum

thrust stand, and the net RF power measured by a dual-directional coupler. The measured

plume properties include the total ion beam current, ion beam kinetic energy, and exhaust

plume divergence. These properties are determined by a nude Faraday probe, an RPA, and

a commercial Langmuir probe that are described below.

5.3.1 Dual-Directional Coupler

Because the Comdel CPS-3000 RF generator used in this experiment does not have a fil-

tered RF output port, the nonlinear load presented by the antenna and plasma will introduce

other frequencies (in particular, higher harmonics of 13.56 megahertz) in the transmission

line. Even if the CPS-3000 forward and reflected power meters are calibrated according to

the operating manual, these other frequencies may induce errors in the generator RF power

measurements. In order to make accurate measurements of the forward and reflected power

at the dominant frequencies in the transmission line, a Werlatone −60dB dual-directional

coupler (Model #C5389-32), shown in Fig. 5.3, is connected in-line at the RF input port of

the matching network. Connecting the directional coupler at the load end of the transmis-

sion line eliminates the need to account for attenuation in the coaxial cable leading from

the generator to the matching network.

The dual-directional coupler is a four-port device that samples the forward and reflected

voltage waveforms from the main transmission line. Although the particular coupler used

in this experiment is designed to work in the 2- to 32-megahertz frequency range, its re-

sponse from 9 kilohertz to 100 megahertz was characterized with an Agilent E5071C net-

work analyzer. Both the forward and reflected coupling port responses were measured to
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Figure 5.3: Photograph and diagram of the −60 dB dual-directional coupler.

be a constant −60dB from 1 to 60 megahertz. The directivity in this frequency range was

measured at a constant−30dB. This showed that the forward and reflected power measure-

ments are well-isolated from each other.

The sampled waveforms are sent to an Agilent DSOX3024A oscilloscope outside of the

vacuum chamber. The oscilloscope records and saves 2 milliseconds of the forward and re-

flected voltage waveforms measured at 109 samples per second. In order to determine the

RF power in the transmission line, Parseval’s theorem is applied to the power spectrum of

each waveform. The power of the signals at the fundamental frequency (13.56 MHz) and

the first three harmonics (27.12 MHz, 40.68 MHz, and 54.2 MHz) are summed to estimate

the average RF power delivered to and reflected from the matching network. These are

the dominant frequency components of the signal in every operating point analyzed, and

they fall within the range of frequencies for which the directional coupler has been charac-

terized. Calculations of the forward and reflected power from the spectra account for the

frequency-dependent attenuation in the smaller coaxial cables used to transmit the signals

from the directional coupler to the oscilloscope [121].

In order to determine the uncertainty in the RF power measurements from the direc-
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tional coupler, the procedure outlined by Garvin et al. was followed [122]. The dual-

directional coupler gives measurements of the forward and reflected voltage in the trans-

mission line, |V+| and |V−|, respectively. The true power delivered to the matching network,

P , is given by Eq. 5.2, whereas the power measured by the directional coupler and oscillo-

scope, P̄ , is given by Eq. 5.3, where εV± is the absolute voltage measurement uncertainty.

The relative power error, εP, is determined by the measurement uncertainty in |V+| and

|V−|, and by the reflection coefficient, |Γ|, according to Eq. 5.4.

P =
|V+|2 − |V−|2

Z0

(5.2)

P̄ =

(
|V+|2

(
1 + εV+

))2 −
(
|V−|2

(
1 + εV−

))2

Z0

(5.3)

εP =
P̄ − P
P

=
2εV+ + ε2

V+
− |Γ|2

(
2εV− + ε2

V−

)

1− |Γ|2
(5.4)

The oscilloscope manual lists a voltage measurement uncertainty of ±2.25%. The di-

rectional coupler response was calibrated with a network analyzer, and each voltage mea-

surement error is conservatively rounded to±4% relative uncertainty. The observed reflec-

tion coefficient, |Γ|, ranged from 0.0 to 0.4, and so the measurement uncertainty for each

RF power measurement, εP, is between ±4% and ±11%.

It is important to note that the RF power reported in this experiment is the net RF

power delivered to the matching network input port. In order to quantify the exact amount

of power that is delivered to the plasma, a thorough characterization of the losses due

to ohmic dissipation in the matching network and antenna, coupling to the surrounding

structure, and electromagnetic radiation would be required. Determination of the antenna-

plasma coupling mechanism is also required to determine the true efficiency of the RF

power delivery system. The assessment of the specific loss mechanisms and the antenna-

plasma coupling efficiency is beyond the scope of this dissertation.
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5.3.2 Thrust Stand

The performance of each thruster is measured with an inverted pendulum-type thrust

stand at PEPL run in displacement-mode. The thrust stand is based on a design from the

NASA Lewis Research Center (now Glenn Research Center) [123]. When the thrust stand

is run in displacement-mode, the inverted pendulum can move in a direction parallel to

the thrust vector. The instantaneous pendulum position is measured by a linear variable

differential transformer (LVDT). The LVDT output is sent in real-time to a controller that

actuates a non-contact, electromagnetic damper to remove oscillations in the pendulum

position. A linear spring holds the pendulum in an equilibrium position, such that a steady

force produced by the thruster causes a linear displacement of the pendulum. Force versus

displacement calibration is performed in-situ using a set of calibration weights connected

by a string to the mounting pedestal at the top of the pendulum. Figure 5.4 shows a diagram

of the thrust stand principle of operation, with the major components labeled.

The LVDT in the thrust stand at PEPL is a Schaevitz model HR-100. The HR-100 is

driven by a Measurement Specialties model ATA-2001 transducer amplifier, which outputs

a voltage that is linearly related to the position of a magnetic core inside the HR-100.

The ATA-2001 output voltage is buffered and sent to a Stanford Research Systems model

SIM960 analog PID controller and an Opto 22 SNAP PAC data acquisition system. The

SIM960 output voltage is sent to a Trust Automation TA115 motor amplifier that drives

the electromagnetic damper. A LabView Virtual Instrument communicates with the Opto

22 SNAP PAC, and records the ATA-2001 output voltage every 0.1 s.

Although the thrust stand at PEPL is typically operated as a null-type thrust stand,

such as that described by Xu and Walker [124], preliminary experiments found that the

signal-to-noise ratio (SNR) and thrust measurement sensitivity were maximized when it

was operated as a displacement-type thrust stand. The thermal drift was slightly greater

in this displacement-type mode of operation. For the RPT, the zero position was checked

and recorded immediately before and after each operating point to ensure accurate thrust
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Figure 5.4: Diagram of the inverted-pendulum thrust stand. The mounting pedestal is at
the top of the inverted pendulum. The spring holds the pedestal in an equilibrium position,
and the LVDT measures the instantaneous position. An electro-mechanical damper reduces
high-frequency oscillations in the pedestal position.

measurements. During HHT operation, the thermal drift rate was highest during two-stage

operation, and so the zero position was checked before and after two-stage operating points.

5.3.2.1 Uncertainty Estimates

Calibrations were carried out at the beginning and end of each day of testing. During

the RPT experiments, the end-of-day-calibration slope values were consistently 4–5% less

than those at the beginning of the day. Observations suggested that the change in the cali-

bration slope is due to slow thermal drift, and so individual thrust values were determined

with a calibration slope that is linearly interpolated from the day’s calibrations and the time

of the thrust measurement. Testing with the HHT yielded less variability in the calibration

slopes, and so the absolute thrust measurement error is estimated to be ±2.5% for HHT
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measurements.

Because the RPT thrust is quite low, it was also important to quantify the resolution

of the thrust stand at the low thrust levels. The noise level on the LVDT signal is ap-

proximately ±1.5 mV, and so by averaging 25 consecutive instantaneous measurements,

the uncertainty in the steady-state voltage measurement is reduced to ±0.3 mV. Since the

average value of the RPT thrust stand calibration slope was 200.5 mN/V, the uncertainty

in each individual thrust measurement was conservatively estimated to be ±0.1 mN. Al-

though it is anticipated that the drift in thrust calibration slope was accounted for properly,

the variation in the thrust stand calibration provides a conservative estimate of ±5% for

thrust measurement uncertainty.

5.3.2.2 EMI Mitigation

In addition to increased sensitivity and SNR, operating the thrust stand in a

displacement-type mode allowed for a simple, in-situ procedure to check that the LVDT

position signal is not influenced by electromagnetic interference (EMI) with the RF com-

ponents or plasma. The procedure is as follows: after the LVTF is evacuated, the thrust

stand pendulum is mechanically locked in place such that an applied force cannot cause a

displacement. This is checked by loading all calibration weights on the thrust stand and ob-

serving no change in the LVDT position signal. The RPT is then operated normally, and any

displacement indicated by the LVDT signal is noted to be the result of EMI. When locked

in place, the RMS fluctuation level in the LVDT signal is approximately 0.4 millivolts, and

by averaging 10 consecutive, instantaneous LVDT measurements, the observation thresh-

old for steady-state EMI was reduced to approximately 0.13 millivolts. This lower limit on

EMI detection is more than a factor of 2 lower than the above stated thrust stand measure-

ment resolution for the RPT, and so the thrust measurement uncertainty for small thrust

values is still estimated at ±5% due to the variation in calibration slope.

Although the initial setup was severely affected by EMI during operation with RF
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plasma, the implementation of multiple mitigation strategies eliminated these effects. There

is no analytical solution to removing EMI from an electrical setup, but the strongest EMI

reduction was observed when ferrite beads were applied to all wires leading to the thrust

stand. It is important to note that the proper choice of ferrite material to maximize the

impedance at the RF driving frequency was critical to the success of this strategy. The

datasheets for the ferrite beads implemented at PEPL are given in Appendix B. For wires

that could not be removed, if there was enough slack in the line, two or three loops of the

wire were wrapped around the ferrite material in order to further increase the impedance to

the ambient RF.

After the EMI is eliminated, the pendulum is released so that the thrust stand returns

to the displacement-type configuration. A calibration is then performed to confirm that the

thrust stand is operating normally, and then thrust measurements are taken. Every operating

point presented in this work was tested first with the thrust stand in the EMI-checking con-

figuration. After this initial EMI check and prior to venting the LVTF, the full experiment

is completed, and then another EMI check is performed for all operating points according

to the above procedure.

A check is also performed to verify that the thrust stand calibration slope is unaffected

by EMI. The procedure for checking the calibration slope is as follows: while the RPT is

operating, one or two calibration weights are loaded on the pendulum to increase the force

acting on the thrust stand spring. The masses are then unloaded and the RPT is turned off,

and then a regular thrust stand calibration is performed. The change in the LVDT output

caused by the additional force of the calibration weights is then checked against the pre-

dicted force according to the normal calibration. This check showed that any change in the

calibration slope due to EMI was smaller than the thrust measurement resolution.
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5.3.3 Faraday Probe

A nude Faraday probe is used to measure the ion current density in the thruster exhaust

plumes. The Faraday probe used for the HHT is described in detail by Liang and Gal-

limore [125], and is modeled after the nested Faraday probe design described by Brown

and Gallimore [126]. The Faraday probe is mounted to a rotation stage such that it can

move in an arc about the centerline of the thruster exit plane. To take data, the collector(s)

and guard ring are biased into ion saturation. The current drawn by the collector is recorded

as the probe is swept between −90 and 90 degrees, where 0 degrees is along the thruster

centerline.

The total ion beam current, Ibeam, may be determined by assuming that the exhaust

plume is axisymmetric. The Faraday probe collected current, Ic(θ), is then integrated ac-

cording to Eq. 5.5, where r is the distance from the Faraday probe collector to the thruster

exit plane. For the HHT, the effective collector area, Ac,eff, includes all correction factors

described by Brown [75].

Ibeam = 2πr2

π/2∫

0

Ic(θ)

Ac,eff
sin θ dθ (5.5)

Using the same Faraday probe data, the axial component of the ion beam current, Iaxial,

is calculated from Eq. 5.6.

Iaxial = 2πr2

π/2∫

0

Ic(θ)

Ac,eff
sin θ cos θ dθ (5.6)

The Faraday probe used to measure the plasma in the RPT exhaust plume has been used

in previous studies of Hall thrusters, for example by Hofer [111], and a diagram is shown

in Fig. 5.5. For the RPT, the guard ring and collector are both biased below −58 volts

with respect to facility ground into ion saturation. The current drawn by the collector is

recorded via the voltage drop across a 1 kilohm resistor as the Faraday probe collection
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surface is swept from −90 to 90 degrees at a constant distance of 96 ± 0.5 centimeters

from the center of the RPT exit plane. The Faraday probe angular alignment was checked

before and after the experiment with a laser bore sight inserted into the RPT gas inlet, and

the alignment uncertainty is conservatively estimated to be ±0.6 degrees.

IC

Collector 

OD = 19.4 mm

Guard Ring 

ID = 22.2 mm

OD = 32.0 mm

Gap 

Depth = 3.2 mm

1 kΩ

1 kΩ

Figure 5.5: Schematic of the Faraday probe used for RPT measurements.

For analysis of the RPT Faraday probe data, it is assumed that the RPT is a point source

of plasma, and the the effective collector area is taken to be the geometric area of the

collector face. The total ion beam current is calculated from Eq. 5.5, and the axial beam

current is calculated from Eq. 5.6. The RPT effective exhaust divergence angle, θdiv, is then

calculated according to Eq. 5.7.

θdiv = cos-1
(
Iaxial

Ibeam

)
(5.7)

Following the analysis by Brown [75], and because Faraday probe data for each thruster

operating condtion are taken at one downstream distance and one facility backpressure,

the uncertainty in the total and axial ion beam current measurements are initially taken

to be ±6% and ±10%, respectively. This translates to an uncertainty of approximately

±9 degrees in the measured effective exhaust divergence angles.
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5.3.4 Retarding Potential Analyzer

The Ion Voltage Distribution (IVD) is measured with a Retarding Potential Analyzer

RPA that has been previously used to measure plasma properties in a helicon plasma source

[127], as well as in Hall thruster plumes [111,115]. The RPA at PEPL is based on the multi-

gridded energy analyzer described by Hutchinson [128]. It consists of three stainless steel

grids and a collector contained in a stainless steel housing, as shown in Fig. 5.6. The grids

and collector are isolated from each other and the housing by ceramic washers that also

serve to set the spacing between the grids.
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Figure 5.6: Cross-section of the RPA.

A schematic of the RPA is shown in Fig. 5.7. The electron repelling grid is biased with

a Kikusui PAD 55-6L power supply, the ion retarding grid is is powered with a Keithley

2410 SourceMeter, and a Keithley 6485 Picoammeter measures the current to the collector.

To collect measurements of the IVD, the floating grid first accepts charged particles

from the plasma in a minimally disruptive manner. Then, the electron repelling grid is

biased to a constant −30 V potential with respect to facility ground to prevent the incident
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Figure 5.7: Electrical schematic of the RPA.

electrons from reaching the collector. The ion retarding grid is then swept from 0 to 500 V

above ground to progressively filter out higher energy ions. The current to the collector

is recorded at each ion retarding voltage, and the IVD is directly proportional to the first

derivative of the measured current-voltage characteristic, as shown in Eq. 5.8 [127]. The

peak in the first derivative is called the most probable potential, Vmp, as shown in Fig. 5.8.

dIc
dVret

= −
(
ni
mi

)
q2f(V )Ac,eff (5.8)

Previous studies using this particular RPA have estimated the uncertainty in the most

probable potential measurement to be±10 V [75,111]. The uncertainty can be attributed to

broadening of the peak due to the RPA’s large acceptance half-angle (approximately 45◦),

and the effects of smoothing and numerical differentiation of the raw RPA data. The half-

width at half-maximum (HWHM) of the peak in the first derivative of the RPA current-

voltage characteristic also gives a conservative measure of the uncertainty. The results
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Figure 5.8: Typical data from the RPA. Data shown are from the RPT operating condition at
2.4 mg/s, 550 G, and 1080 W.

reported in this dissertation us the HWHM to represent the uncertainty in the most-probably

potential measurement from theRPA.

The RPA is mounted to a linear translation stage, and a Langmuir probe is mounted next

to it so that both the RPA and Langmuir probe data can be taken at the same position. For

the RPT experiments, the RPA floating grid is 124 cm downstream of the RPT exit plane,

and for the HHT experiments, the RPA floating grid is ≈ 6 m downstream of the HHT exit

plane.

5.3.5 Langmuir Probe

An ESPION Langmuir probe system manufactured by Hiden Analytical is used to de-

termine the plasma potential in the RPT thruster exhaust plume, and a cylindrical, un-

compensated Langmuir probe is used for the HHT. The ESPION probe has been used in

previous experiments with RF plasmas at PEPL, for example by Lemmer [127]. It is an

RF-compensated Langmuir probe driven by the HAL IV ESP Controller. A computer con-

nected to the controller runs the program “ESPsoft” to bias the probe tip from −100 V to
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Figure 5.9: Typical data from the Langmuir probe. Data shown are from the RPT operating
condition at 2.4 mg/s, 550 G, and 1080 W.

100 V, and records the probe current. The Langmuir probes are mounted to the RPA trans-

lation stage so that the IVD and plasma potential can be collected in the same location, on

the centerline of the thruster.

The ESPION probe tip is a tungsten wire that is 0.15-mm in diameter by 10-mm long,

and at least five individual current-voltage characteristics are averaged prior to analysis.

The derivative method for determining plasma potential from a Langmuir probe character-

istic, shown in Fig. 5.9 was found by Shastry to have the closest agreement with emissive

probe measurements, and so the derivative method is used in this experiment, with an esti-

mated uncertainty in the plasma potential of ±20% [129].

The Langmuir probe used to measure the plasma potential in the HHT exhaust plume

was a 0.025 cm-diameter, 0.57 cm-long tungsten wire, and the probe holder was a 0.15 cm

diameter alumina tube that is mounted to the RPA translation stage. The probe tip is pow-

ered by a 1-Hz -50 V-to-150 V triangle wave by a Kepco BOP 500M bipolar amplifier that

is driven by an Agilent 33220A Arbitrary Waveform Generator.
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Figure 5.10: RPT centerline axial magnetic fields, simulated with measured solenoid currents.
The exit plane is at z = 0 cm, and the legend refers to the average field in the RPT.

5.4 Thruster Setup

Both the RPT and HHT were electrically isolated from the vacuum chamber and the

thrust stand by placing a 0.635-cm-thick mica plate between the thruster mounting plate

and the pedestal of the thrust stand. In addition, the propellant flows through an insulat-

ing torturous path immediately upstream of the thruster gas inlet connection that prevents

an upstream connection to ground. The matching network is mounted on the thrust stand

pedestal, and held in place by an aluminum structure. The antenna leads are connected

directly to the matching network output leads, and the connection is covered with Kapton

tape and surrounded by copper mesh to reduce the probability of local ionization of back-

ground neutral gas. Further details unique to the individual thruster setups are described

below.
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5.4.1 RPT

For the RPT thrust measurements, ultra high purity (99.999% pure) argon is used as

the propellant. The gas flow rate during both nitrogen and argon operation is regulated

by an Alicat MC-500SCCM-D mass flow controller, which has an accuracy of ±0.8% of

the setting plus ±0.2% of full scale. Each RPT solenoid coil is independently powered by

a Lambda EMS-series power supply, and the current of each solenoid is measured across

a Deltec MKA-25-100 current shunt. An isolated Opto 22 SNAP PAC data acquisition

system records the magnet currents, and the forward and reflected power output by the

CPS-3000 concurrently with LVDT data from the thrust stand. The magnetic field was

non-uniform during RPT operation, and the maximum magnetic field was approximately

810 Gauss, as shown in Fig. 5.10. The magnetic field of the RPT data points are labeled by

the average centerline axial magnetic field in the magnet assembly.

5.4.2 HHT

The HHT used an externally-mounted thermionic cathode with a lanthanum hexaboride

(LaB6) insert to produce electrons for the Hall acceleration stage. Research-grade xenon

(99.999% purity) was used for the cathode flow for all HHT operating conditions, and the

cathode flow was regulated by an MKS 1179A mass flow controller, which has a specified

accuracy of ±1% of full scale. The cathode is mechanically connected to the HHT on

the thrust stand, and so the thrust measurements include any force that is produced by the

cathode. An MKS model 1159B mass flow controller regulated the flow of research-grade

xenon to the HHT anode, whereas an Alicat MC-500SCCM-D mass flow controller was

used for the argon and nitrogen operating conditions. After LVTF pumpdown and prior to

taking any performance or probe measurements, the HHT was operated for a length of time

in order to bake out any condensible materials from the thruster.
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CHAPTER 6

Results

The RPT and HHT were both operated successfully on the thrust stand at PEPL. Si-

multaneous performance and plasma plume measurements were collected to investigate the

loss mechanisms. This represents the first time such measurements have been made with a

matching network located inside the vacuum chamber on the thrust stand. The RPT oper-

ated with argon, nitrogen, and ambient air, and the HHT operated with xenon, argon, and

nitrogen. The first section reports the RPT performance and probe measurements while

operating with argon, followed by the results of the RPT operating with nitrogen and air.

The second section then presents the single- and two-stage performance measurements of

the HHT operating with xenon, argon, and nitrogen propellant.

6.1 RPT Results

The corrected LVTF operating pressure during RPT experiments remained below

4.7× 10−6 Torr. Despite this low pressure, and the large bore of the quartz tube, the RPT

operated with a bright blue core at nearly all argon operating conditions analyzed. This

provided strong visible evidence of significantly improved power coupling to the plasma

over previous RPT experiments in the LVTF during which the matching network remained

outside the vacuum chamber.
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Figure 6.1: Two views of the RPT argon blue core plasma during operation in LVTF. The
end-on view of the exhaust (left) shows the blue core. Light from the blue core shines through
the inlet side of the RPT quartz tube and reflects off the thrust stand structure (right).

6.1.1 RF Power Measurements

As previously discussed, the antenna-and-plasma load may be nonlinear. This can cause

some of the RF power to be reflected from the load at frequencies that are not 13.56 mega-

hertz (the driving frequency). This arises from the natural behavior of the plasma, and

cannot be avoided. The CPS-3000 does not have a filtered output and is not calibrated for

frequencies other than 13.56 megahertz, and so the effect of other frequencies on the for-

ward and reflected power measurements output by the CPS-3000 is unknown. Forward and

reflected powers determined from the directional coupler during RPT operation with argon

are plotted versus the RF power readings output from the CPS-3000 in Fig. 6.2.

Figure 6.2: Comparison between measurements from the CPS-3000 and the dual-directional
coupler for forward (left) and reflected (right) RF power. CPS-3000 data are from the cali-
brated analog 0–10 V outputs. Points lie on the dotted line when both measurements agree.
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The attenuation in the coaxial cable is accounted for so that the points in Fig. 6.2 rep-

resent the power at the CPS-3000 output port [121]. The magnitude of the reflection co-

efficient, |Γ|, never exceeds 0.41 for all RPT operating points analyzed, yet the CPS-3000

power meters typically indicated lower forward and reflected powers than those determined

by analysis of the corresponding directional coupler signals. The discrepancy between the

two measurements may be caused by a non-uniform frequency response or poor directivity

in the CPS-3000 measurement circuit.

6.1.2 Argon Performance

The performance of the RPT due to cold gas expansion of argon in the quartz tube is

measured first. The cold gas thrust is measured with zero input RF power, and the specific

impulse is calculated. The results are plotted in Fig. 6.3. The theoretical cold gas thrust can

be estimated by assuming the quartz tube as an ideal nozzle, and using supersonic isentropic

flow equations, given by Anderson [130]. The resulting thrust and specific impulse using

the real RPT geometry and argon mass flow rates are shown by the dotted lines in Fig. 6.3.

Since the RPT quartz tube has discrete changes in area, it was anticipated that cold gas

performance would be lower than that for an isentropic nozzle. This agrees with the results

shown in Fig. 6.3, within an order of magnitude.

Figure 6.3: Measured cold gas thrust (left) and specific impulse (right) for argon flow in the
RPT. Dotted lines represent theoretical performance from isentropic flow theory.
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The thrust due to RF power and cold gas flow are separately measured. The mea-

surements are summed to determine the total thrust at a given operating condition. The

RPT thrust measurements with RF power applied were taken at argon flow rates from 2.2–

7.0 milligrams per second. This corresponded to an LVTF operating pressure range of

1.5 − 4.7 × 10−6 Torr. All measurements of total thrust for the RPT operating with argon

are plotted in Fig. 6.4.
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Figure 6.4: RPT total thrust versus net RF power. To reduce clutter, horizontal error bars
are plotted only for the first data series, but they are representative for the entire dataset.

Total thrust increases both with increasing RF power and increasing magnetic field

strength. Total thrust also increases with increasing flow rate, but it is important to note

that the cold gas thrust contributes 2.7 millinewtons to the total force at the 7.0-milligram

per second operating conditions. The lowest thrust measured was 1.2 millinewtons at the

2.9-milligram per second, 550-gauss operating condition at 830 watts. The RPT plasma for

this data point did not exhibit a strong blue core. The cold gas thrust at 2.9 milligrams per

second of argon is 1.1 millinewtons. Thus, the application of RF power did not significantly
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contribute to the total thrust. Another interesting result is that the total thrust is equal for

the 4.3-milligram per second, 715-gauss and 7.0-milligram per second, 550-gauss operat-

ing conditions at the same RF power. The cold gas thrust is approximately 1 millinewton

less at 4.3-milligram per second flow rates, and this difference is made up by the RF power.

The maximum total thrust measured is 10.8 millinewtons at a specific impulse of 158 sec-

onds and RF thrust efficiency of 0.5%.

The RPT specific impulse also increases with increasing RF power, and tends to in-

crease with increasing magnetic field strength. The RPT specific impulse is calculated

from the total thrust and propellant mass flow rate, and the results shown in Fig. 6.5.
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Figure 6.5: RPT specific impulse versus net RF power. Specific impulse is calculated using the
sum of the cold gas thrust and the RF thrust. Horizontal error bars shown are representative
for the entire dataset.

The RPT specific impulse decreases with increasing flow rate because the measured

increase in thrust is much less than the increase in mass flow rate. The specific impulse

at 4.3-milligrams per second and 715-gauss is approximately equal to the specific impulse

at 2.2-milligram per second and 470-gauss for a given RF power. The maximum specific
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impulse measured is 330 seconds at a total thrust of 7.1 millinewtons and an RF thrust

efficiency of 0.7%.

The RF thrust efficiency of the RPT, ηRF, is calculated from the net RF power delivered

to the matching network and the thrust due to RF power. The RF thrust efficiency of

the RPT operating with argon is shown in Fig. 6.6. Note that the definition of RF thrust

efficiency reported here includes the matching network and antenna coupling efficiency,

but not the DC power supplied to the RPT magnets.
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Figure 6.6: RPT RF thrust efficiency versus net RF power.

The RF thrust efficiency of the RPT increases with increasing RF power and with in-

creasing magnetic field strength. Efficiency also increases with decreasing flow rate, but

remains below 1% for all operating conditions. Note that the uncertainty in the RF power

measurement increases the uncertainty in the RF thrust efficiency to ±11% of the value.

The maximum RF thrust efficiency measured is 0.9% at a total thrust of 10.6 millinewtons

and a specific impulse of 260 seconds.
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6.1.3 Argon Probe Measurements

The RPA and Langmuir probe are mounted to a motion table so that the plasma potential

and the most probable ion voltage can be measured at the same location. The Langmuir

probe tip is aligned such that the length of the probe is parallel to the RPT axis. The electron

temperature and plasma floating voltage measured by the Langmuir probe are plotted in

Fig. 6.7. Electron temperature is determined by the inverse slope of the natural logarithm

of the electron current in the vicinity of the floating voltage [127].

Figure 6.7: RPT plume electron temperature (left) and floating voltage (right) measured by a
Hiden Langmuir probe system. Helicons typically produce 3–5 eV electron temperatures.

Typical helicon sources produce plasma at 3–5 eV electron temperature, and tempera-

tures in the 10–15 eV range may be indicative of a capacitively coupled plasma [86]. The

absolute uncertainty in the electron temperature is estimated at±20% [128], but the relative

error between measurements in the same setup is lower [131]. Oscillations in the floating

potential were not observed, and since multiple current-voltage characteristics were aver-

aged, the uncertainty in the floating potential measurement is conservatively estimated to

be ±2 volts.

The plasma density is determined using orbit-motion limited theory in the ion saturation

part of the current-voltage characteristic [127, 132]. The plasma potential is determined as

the peak in the first derivative of the current-voltage characteristic. The plasma potential

and density measured in the RPT plume by the Langmuir probe are plotted in Fig. 6.8.
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Figure 6.8: RPT plume density (left) and plasma potential (right) measured by a Hiden Lang-
muir probe system. Plasma potential is determined by the derivative method.

The plasma density mainly increases with increasing RF power, showing a nonlinear

increase for some of the flow rate and magnetic field combinations. The plasma potential

does not show any clear trends with RF power or flow rate, but the plasma potential is lower

at the operating conditions with higher plasma density.

RPA data for the RPT operating on argon exhibited one dominant peak in the first

derivative of the current-voltage characteristic. Other experiments have observed Ion Volt-

age Distributions (IVDs) with two peaks [68, 69, 73]. However, secondary peaks in this

experiment are two orders of magnitude smaller than the dominant peak at higher voltage.

So, the RPA was used only to determine the most probable voltage of the RPT exhaust

plasma. The RPA results are plotted versus RF power in Fig. 6.9.

The most-probable exhaust ion voltage decreases both with increasing flow rate and

with increasing magnetic field strength. Note that the vertical error bars in Fig. 6.9 repre-

sent the half-width at half-maximum in the IVD peak, and so the distribution of ions about

Vmp is generally on the order of a few volts.

Faraday probe current density data was only collected for four RPT operating condi-

tions. Assuming that the exhaust is axisymmetric, Faraday probe current density charac-

teristics were integrated to determine the total and axial ion beam currents in the positive

hemisphere, from which the effective divergence half-angle can be calculated. The four
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Figure 6.9: Most probable potential from RPA versus RF power. Note that the plasma poten-
tial must be subtracted to determine the most-probable ion kinetic energy.

points analyzed all had an effective divergence half-angle of approximately 48 degrees.

Further analyses of the RPT Faraday probe data are presented in the following chapter.

6.1.4 RPT Operating on Nitrogen & Air

The helicon wave dispersion relation depends on the number density of plasma, not the

mass flow rate. So, the number flow rate was held constant for the different species, with

4.3- and 7.0-milligrams per second of argon corresponding to approximately 150- and 250-

standard cubic centimeters per minute, respectively. Figure 6.10 shows two photographs of

the RPT operating with nitrogen propellant. Although there was visible evidence that the

RPT coupling to nitrogen and air propellant was strong, no thrust was measured.

Due to the low thrust measured, relatively few operating conditions were investigated.

The Faraday probe data qualitatively gave lower ion current densities by about a factor of

ten compared to argon operating conditions. This suggests that the low thrust may be due to
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Figure 6.10: Photograph of RPT operating with nitrogen, with end-on view on left. No blue
core was observed, perhaps due to the fact that nitrogen ions strongly emit in the ultraviolet.

low ion production by the RPT operating with nitrogen. The Langmuir probe did not reach

electron saturation at the upper limit on bias voltage of 100 volts. Figure 6.11 shows data

from the three operating conditions where data were taken. The plasma floating potential

for these three nitrogen operating conditions were all measured to be approximately 50 ±

5 volts.
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Figure 6.11: RPA data for the RPT operating on nitrogen at 1000 watts.
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The RPT operating conditions with air yielded similar results as those with nitrogen,

with flow rate having the strongest effect on peak voltage. RPA data for the air operating

conditions is shown in Fig. 6.12.
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Figure 6.12: RPA data for the RPT operating on air at 1000 watts. Note that the vertical scale
in the bottom subplot is twice as large as that in the other RPA data plots. As in Fig. 6.11, no
independent measurement of plasma potential is available.

For the RPT operating on air, the plasma floating potential measured by Langmuir probe

was approximately 58± 5 volts for the 2.9-milligram per second operating conditions, and

the floating potential for the 4.8-milligram per second operating condition was 43 volts.

6.2 HHT Results

The performance of the HHT was measured on xenon, argon, and nitrogen propellants

with and without the RF stage operating. For the argon and nitrogen operating condi-

tions, the external hollow cathode was operated with research-grade xenon (99.999%
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purity). The HHT total flow rate when operating with xenon was in the range from

10.7–26.7 milligrams per second, corresponding to LVTF corrected pressures of about

4.6 × 10−6 to 1.5 × 10−5 Torr. During argon and nitrogen operation, the corrected LVTF

pressure was measured at 3.9 × 10−6 Torr and 3.6 × 10−6 Torr, respectively. Figure 6.13

shows the HHT operating on each propellant.

Figure 6.13: Single-stage HHT operation with xenon (top), argon (middle) and nitrogen (bot-
tom) propellants. No significant change to the plume structure was observed when operating
in two-stage mode.
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The HHT was constructed to investigate whether an RF ionization stage could increase

the efficiency of a Hall thruster operating in a low-specific impulse regime, and so the

operating conditions mainly focused on low discharge voltage operation with xenon

propellant. Table 6.1 summarizes all the HHT operating conditions that were tested,

with the “Plume Measurements” column indicating when probes were used to make

measurements in single-stage mode and/or while the RF stage was operating.

Table 6.1: Summary of HHT operating conditions and measurements.

Anode Discharge RF Power Cathode
Propellant Flow Rate Voltage Range Flow Plume

(mg/s) (V) (W) Fraction Measurementsa

xenon 10.0 200 0 – 1036 7.1% 1s
xenon 14.9 100 0 – 1028 5.0% 1s
xenon 14.9 150 0 – 1041 5.0% 1s
xenon 14.9 200 0 – 1032 5.0% 1s
xenon 20.0 100 0 – 994 5.0% 1s & 2s
xenon 20.0 150 0 – 1205 5.0% 1s & 2s
xenon 20.0 200 0 – 986 5.0% 1s
xenon 25.0 200 0 – 613 7.0% -
argon 5.48 300 0 – 270 16.8%b 1s & 2s

nitrogen 4.80 200 0 – 302 38.4%b 1s
a1s = single-stage operation, 2s = two-stage operation
bcathode flow was set to 1.0 mg/s of xenon for argon and nitrogen operating conditions

6.2.1 Single-stage operation

Results of the HHT single-stage performance test are shown in Figs. 6.14–6.16. Fig-

ure 6.14 shows the expected result that thrust increases with both discharge voltage and

anode mass flow rate, and Fig. 6.15 shows that anode specific impulse mainly increases

with discharge voltage for xenon, but is also affected by the propellant species. Fig-

ure 6.16 shows that the thrust-to-power for the HHT operating with xenon is between

60 and 72 millinewtons per kilowatt.
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Figure 6.14: HHT single-stage thrust versus mass flow rate. No RF power is applied during
single-stage operation.
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Figure 6.15: HHT single-stage anode specific impulse versus mass flow rate.

When operating with xenon propellant, thrust-to-power increases slightly with increas-

ing discharge voltage, and is maximized at the intermediate anode mass flow rates. The

HHT performance operating on argon and nitrogen was measured at higher discharge volt-

ages, but thrust-to-power was only 30 and 21 millinewtons per kilowatt, respectively.
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Figure 6.16: HHT single-stage thrust-to-power versus mass flow rate.

6.2.2 Two-stage operation

During two-stage operation, the RF ionization stage was powered in the attempt to

increase HHT anode efficiency at high thrust-to-power operating points. The magnets in

the helicon section were held constant as RF power was increased, since it was seen that the

magnets for the helicon stage could act as trim coils for the Hall stage when no RF power

was used. Figures 6.17 and 6.18 show that thrust and specific impulse increased slightly

with RF power for most operating conditions; however, Fig. 6.19 shows that the rate of

increase in thrust was always exceeded by the rate of increase in RF power, such that the

overall thrust-to-power decreased with increasing RF power.

Assuming that nitrogen is a good analogue for the performance of the HHT operat-

ing with atmospheric air components, Fig. 6.20 focuses on the gas species and perfor-

mance metric of greatest interest to air-breathing electric propulsion. The results show

more clearly that RF stage does not improve the overall thrust-to-power in the HHT.
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Figure 6.17: HHT two-stage thrust versus RF power. During two-stage operation, the magnet
settings and DC discharge power are held constant while RF power is increased.
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Figure 6.18: HHT two-stage anode specific impulse versus RF power.
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Figure 6.19: HHT two-stage thrust-to-power, including both PDC and PRF, versus RF power.
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Figure 6.20: HHT two-stage thrust-to-power for the argon and nitrogen operating points.
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CHAPTER 7

Discussion

This chapter discusses the results of RPT and HHT performance testing with the intent

of identifying the loss mechanisms in the thrusters. The efficiency of the RPT was measured

to be very low, and although the RF stage increased the thrust of the HHT, it did not

improve the overall efficiency. This chapter first describes an efficiency methodology for

each thruster to lay a framework for examining the loss mechanisms in the RPT and the

HHT. Following the descriptions, the plasma probe results are analyzed according to the

methodologies.

7.1 RPT

The efficiency of the RPT is measured to be quite low. Previous work in similar devices

measured ion beams emanating from the exit of the plasma source tube [73,97,133]. Thus,

an ion beam is thought to be the physical mechanism for producing thrust in the RPT. The

efficiency methodology described below assumes that this is the case, as well. Although the

physics of devices similar to the RPT is an active area of research, describing the method-

ology for analysis provides a basis for examining the plasma emanating from the thruster

with probe diagnostics.
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7.1.1 RPT Methodology

The efficiency of a thruster may be broken down into components to reveal the loss

mechanisms responsible for lowering performance. The thrust of the RPT is assumed to

be the reaction force of an ion beam. In order to study the losses in the RPT, the thrust-

producing ion beam is broken into three main components that can be related to plasma

plume measurements: 1) the flow rate of ions in the exhaust, ṁi, 2) the velocity of the

exhaust ions, vi, and 3) the effective divergence of the beam, cos θdiv. These components

can be determined by plasma measurements in the exhaust plume, as shown in Eq. 7.1,

where Ibeam is the total current of accelerated ions emanating from the thruster, Vi is the

effective acceleration voltage of the beam ions, and Iaxial is the axial component of the

beam ion current. The ions are assumed to be of identical mass, mi, and charge, q.

Fi = ṁivi cos θdiv =

(
Ibeammi

q

)(
2qVi
mi

)1/2(
Iaxial

Ibeam

)
(7.1)

The total thruster efficiency, ηt, is calculated by dividing the kinetic power contained in

the thrust-producing ion beam by the total electrical power supplied to the RPT. The RPT

is designed to produce a wide range of magnetic field geometries, but it is not optimized for

magnet power dissipation. So, the RF power, PRF, and the power supplied to the magnets,

Pmag are separated according to Eq. 7.2, where FRF is the thrust due to RF power, and ṁ is

the propellant mass flow rate.

ηt =
F 2

RF

2ṁ (PRF + Pmag)
=

F 2
RF

2ṁPRF

1(
1 +

Pmag
PRF

) = ηRFηmag (7.2)

If a measurement of the true RF power delivered to the antenna, PRF,A is taken, then the

RF power transmission efficiency and antenna efficiency, ηA, may be determined. Assum-

ing that the cables used to transmit the RF power are lossless, the transmission efficiency

is reduced to a matching network efficiency, ηM, as shown by Eq. 7.3, where ηRF is the RF
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thrust efficiency. Note that this further breakdown requires measurements of the RF volt-

age and current at the antenna, which are not available in the RPT experiment. Detailed

measurements of the plasma may also theoretically determine the plasma-antenna coupling

efficiency (i.e. the fraction of the RF power delivered to the antenna that is absorbed by the

plasma), but this is generally very difficult to implement and verify.

ηRF =
F 2

RF

2ṁPRF,A

PRF,A

PRF

= ηAηM (7.3)

The RF thrust efficiency is further broken down into three components that represent

physical attributes of the thruster exhaust. These component efficiencies can be determined

from telemetry and plasma measurements according to Eq. 7.4. Other methodologies in-

stead refer to the specific losses that certain measurements determine [67].

ηRF = ΦPηBPΨB =

[
Ibeammi

qṁ

] [
IbeamVi

PRF

] [
Iaxial

Ibeam

]2

(7.4)

The propellant utilization efficiency, ΦP, represents the fraction of the neutral gas flow

that is ionized and contributes to the exhaust ion beam. The beam power efficiency, ηBP, is

the ratio of the total power in the beam to the input RF power. Finally, the beam efficiency,

ΨB, accounts for the cosine losses due to the divergence of the exhaust plume.

7.1.2 Probe Results

From the Faraday probe results, and assuming that only singly-charged ion species are

present, the propellant utilization efficiency is calculated according to Eq. 7.4. The

beam efficiency is calculated from Eq. 7.5.

ΨB =

(
Iaxial

Ibeam

)2

(7.5)

Four data points were taken with the Faraday probe in ion saturation, and the results
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are shown in Fig. 7.1. The measured propellant utilization efficiency in the RPT remained

below 16%. Although differences in the RF power may confound the trends observed, the

propellant utilization clearly decreased with increasing flow rate.
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Figure 7.1: RPT propellant utilization efficiency calculated from Faraday probe data.

From Eq. 7.1 and the Faraday probe results, the average acceleration voltage of the

exhaust ions required to account for the measured thrust, Vi, can be determined with Eq. 7.6.

Results from this calculation and the probe measurements are presented in Table 7.1.

Vi =

(
e

2mi

)(
FRF

Iaxial

)2

(7.6)

If the ions measured by the probe diagnostics are the thrust-bearing species in the RPT,

then the thrust due to RF should increase both with increasing axial beam current and with

increasing beam ion energy, assuming that beam divergence does not change significantly

between operating conditions. The results in Table 7.1 indicate that the thrust does indeed

correlate with axial ion beam current, and that there is relatively little change in the beam
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Table 7.1: RPT Probe analysis and theoretical acceleration potential results.

ṁ Bz PRF FRF ηRF Ibeam Iaxial θdiv ΨB ΦP Vi Vmp

(mg/s) (G) (W) (mN) (%) (A) (A) (deg) (%) (%) (V) (V)
2.4 550 1080 4.15 0.34 0.82 0.55 48 45 14 33.7 68.4
4.7 470 1210 3.47 0.11 0.74 0.48 49 42 6.5 30.9 75.0
4.7 550 1068 3.98 0.16 0.87 0.60 46 48 7.8 26.2 62.3
7.6 550 961 4.86 0.16 0.89 0.59 48 44 4.9 40.9 55.5

divergence between conditions. Table 7.1 also suggests that the most probable voltage of

the ions measured by the RPA is sufficient to provide the kinetic energy necessary to explain

the thrust. If all else remains equal, the thrust should be proportional to the square root of

the average beam ion kinetic energy (i.e. thrust should correlate with
√
Vmp). However,

the results plotted in Fig. 7.2 show that there is a negative correlation between thrust and

most probable potential in the RPT. One explanation for this trend might be that the beam

current decreases when beam voltage increases, with the net result that thrust decreases.
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Figure 7.2: RPT thrust due to RF power versus most probable potential measured from
RPA. The negative correlation between most probable potential and thrust may be due to
a decreasing beam ion current. However, the amount of beam current data available is not
sufficiently large to confirm or refute this.
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Figure 7.3: Ion beam most probable potential measured by the RPA minus local plasma
potential measured by a Langmuir probe.

Typically in Hall thruster plume analysis, the plasma potential from a Langmuir probe

is subtracted from the most probable potential determined by the RPA to obtain the true ex-

haust ion acceleration voltage [111]. The same analysis should hold for the RPT, and if the

assumption is made that only singly-charged ions are present, then the difference Vmp − Vp

represents the kinetic energy of beam ions emanating from the RPT. This quantity is ap-

proximately zero, within the uncertainty limits, for almost all RPT operating conditions,

as shown in Fig. 7.3, suggesting that the kinetic energy each exhaust ion contributes to the

thrust is not necessarily related to Vmp. The high plasma potential may be explained by the

fact that the quartz tube and magnetic field isolate the plasma from the facility ground. Due

to the higher mobility of electrons, the plasma is expected to have a plasma potential that

is greater than the facility ground. Thus, the outflow of plasma ions from the quartz tube

should be governed by ambipolar diffusion.

If an ion beam is not the source of the thrust in the RPT, then there must be another
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explanation for the increase in performance seen with increasing RF power. The mea-

sured cold gas thrust of the RPT nearly matched the theoretical result using the supersonic

isentropic flow equations, and gas heating mechanisms are considered here to explain the

RPT thrust. To give a first-order estimate for the potential performance gain due to gas

heating in the RPT, two scenarios are considered: supersonic, isentropic expansion, and

free-molecular thermalization with the quartz tube.

Assuming that the nozzle area ratio and specific heat ratio are both constant, the exit

velocity of a supersonic, isentropic expansion is determined only by the stagnation temper-

ature. The melting point of quartz is approximately 2000 degrees kelvin. No deformation

of the RPT quartz tube was observed during RPT testing, but this is taken to be an upper

limit on the effective temperature caused by the RF power. The result of the calculation

using a 2000-degree kelvin inlet stagnation temperature and the real RPT geometry gives

a specific impulse of 145 seconds. Comparing this to Fig. 6.5, there is some evidence that

gas heating may have an effect at higher flow rates, as the RPT specific impulse does not

exceed 160 seconds at any 7.0-milligram per second operating condition. However, this

result is an optimistic assessment of the upper bound of this effect in the RPT, and the

calculation requires some assumptions that are not strictly satisfied in the real RPT. That

said, charge-exchange collisions may produce hot or “super-thermal” argon neutrals with

a translational temperature greater than 2000 degrees kelvin. These hot neutrals may in-

crease the effective temperature of the propellant, depending on the rates at which they are

produced and lost.

A free-molecular thermalization process may also be considered for the acceleration of

argon neutrals. Recall that the mean speed of a Maxwellian distribution of gas particles is

determined by the temperature and the mass of the gas species, according to Eq. 3.38. If the

argon propellant enters at room temperature, thermalizes to the quartz tube by collisions

with the wall, and exits at this thermal velocity, then a net force can be imparted to the tube

due to the change in velocity. Again taking the melting temperature of quartz as the upper
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limit on the gas exit temperature, a population of argon at 2000 degrees kelvin has a mean

thermal speed of 1030 meters per second, corresponding to a specific impulse of 105 sec-

onds. The 2000-degree kelvin assumption is again optimistic (and perhaps unrealistic) for

the real RPT conditions, and comparing this result to Fig. 6.5 suggests that this type of gas

heating is unlikely to have a strong influence on RPT performance.

Although a gas heating mechanism should contribute to the thrust of all gases (not nec-

essarily equally), nitrogen and air have vibrational and rotational energy modes that can

absorb some of the RF power. If the rotationally and vibrationally excited molecules es-

cape the RPT before reaching equilibrium with the translational energy modes, then the

gas “heating” will not contribute to thrust. This loss mechanism is analogous to the “frozen

flow” losses in chemical rocket nozzles. However, the flow in the RPT is a weakly colli-

sional, non-equilibrium flow, and so it is difficult to model the gas behavior accurately.

Recent work has measured the thrust in similar devices to be the result of increased

electron pressure in the quartz tube combined with an azimuthal electron current in the

expanding magnetic field region that exerts a J×B force [109]. Others have suggested that

“neutral pumping” due to charge-exchange collisions in the source tube [134]. Measure-

ments in a low-pressure argon processing chamber suggest that a significant amount of fast

neutrals can be created due to charge-exchange collisions [135]. Argon charge-exchange

collision cross-sections taken from Hegerberg et al. [136] and Rao et al. [137], are used

to calculate the effective mean free path for charge-exchange versus collision energy. The

result of this calculation is plotted for multiple neutral pressures in Fig. 7.4.

Reid demonstrated that flow simulations using FLUENT gives an order of magnitude

agreement with DSMC and PIC simulations of the flow in a Hall thruster discharge chan-

nel [138]. FLUENT simulations of the RPT gas path showed that the pressure inside the

quartz tube ranges from 1 to 10 millitorr [139]. This puts the mean free path for argon

charge-exchange collisions in the range of approximately 0.4 to 8 centimeters. Most of the

ions created in the quartz tube are therefore likely to undergo charge-exchange collisions
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Figure 7.4: Mean free path for charge exchange collisions between argon ions and neutrals.
The corrected LVTF pressure when operating with argon did not exceed 4.7× 10−6 Torr, but
the pressure in the RPT quartz tube may be as high as a few millitorr during operation.

that can create fast neutrals, which are not influenced by electric or magnetic fields. Argon

ions created near the exit of the quartz tube, on the other hand, may be able to escape prior

to experiencing a charge-exchange collision, since the low background pressure outside of

the RPT increases the mean free path for charge-exchange to many meters. The single-

voltage population of ions seen by the RPA may therefore represent this population of ions

that are created near the exit plane and escape into the LVTF at the ambipolar velocity. The

results would then agree with the theory suggested by Fruchtman for a collisional-plasma

thruster [134].

7.2 HHT

The plasma in the exhaust plume of the HHT operating in both single-stage and two-

stage modes with argon, nitrogen, and xenon propellant was measured with a Faraday
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probe, an RPA, and a Langmuir probe. When comparing the single- and two-stage opera-

tion modes, thrust increased slightly with RF power (except at the 25-milligram per second

xenon operating condition). However, thrust-to-power and total anode efficiency of the

HHT both consistently decreased with increasing RF power. The probe results are used

with the methodology described below in order to investigate the effect of the RF stage on

the physics of the HHT operation.

7.2.1 HHT Efficiency Methodology

There is much previous work regarding the breakdown of the total efficiency of a Hall

thruster into component quantities [111, 140]. The component efficiencies are generally

determined by thruster telemetry, performance measurements, and probe diagnostics, and

they are used to reveal the physical nature of thruster loss mechanisms. The total efficiency,

ηt, of any EP thruster is simply the kinetic power of the thrust-producing component of the

exhaust, Pjet, divided by the total electrical power consumed by the thruster, Pelec, as shown

by Eq. 7.7, where ṁ is the propellant mass flow rate, vex is the effective propellant exhaust

velocity, Pd is the discharge power, and Pmag is the power supplied to the magnets.

ηt =
Pjet

Pelec
=

1
2
ṁv2

ex

Pd + Pmag
(7.7)

In laboratory-model Hall thrusters, such as the HHT, the magnetic circuit design is

generally not optimized for power consumption, and so a magnet power efficiency, ηmag, is

separated accordingly. In addition, the cathode is not always optimized as it would be on

a flight model thruster, so the cathode efficiency, ηc, is also separated. The results of this

breakdown allow the discharge or anode efficiency, ηd or ηa, respectively, to be individually

examined, as shown in Eq. 7.8, where ṁa is the anode mass flow rate, and ṁc is the cathode

mass flow rate.
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ηt =
1
2
ṁav

2
ex

Pd

(
1 +

ṁc

ṁa

)
1(

1 + Pmag

Pd

) = ηaηcηmag = ηdηmag (7.8)

Brown et al. suggest that using the “voltage exchange parameter,” E1, and the “mass

exchange parameter,” E2, can help reveal loss mechanisms using only telemetry and thrust

measurements, as represented in Eq. 7.9 [140], where Fthrust is the thrust force, Vd is the

discharge voltage, F is the Faraday constant, M is the propellant molar mass, Id is the

discharge current, ΦP is the propellant utilization efficiency, ΨB is the beam efficiency, ηV is

the voltage utilization, and ηI is the current utilization.

ηd = E1E2 =

[
1
2

(
Fthrust
ṁ

)2

Vd
( F
M

)
] [

ṁF
IdM

]
= [ΦPΨBηV] [ηI] (7.9)

The voltage exchange parameter is proportional to the square of the thrust, and it relates

the acceleration voltage to the divergence and dispersion of the exhaust jet. The mass

exchange parameter is inversely proportional to the discharge current, and it relates the

input propellant flow rate to the output charge flow rate. Determination of any further

component efficiencies requires the use of probe diagnostics in the thruster exhaust plume,

which were previously described.

The difference between single-stage and two-stage operation is that two-stage operation

uses RF power to affect the discharge in the vicinity of the gas inlet manifold. This is

accounted for in the efficiency architecture by separating the DC and RF components of

electrical power in the discharge, PDC and PRF, respectively, as shown in Eq. 7.10, where

ηPRF is called the “RF efficiency.”

ηd =
1
2
ṁav

2
ex

PDC + PRF

ηc = ηa
1(

1 + PRF
PDC

)ηc = ηaηPRFηc (7.10)

This definition of RF efficiency is consistent with the single-stage architecture, since

ηPRF = 1 when zero RF power is used. The exchange parameters can therefore retain their
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definition from Eq. 7.9. This allows the effect of the RF power on thruster performance

characteristics to be examined through the exchange parameters. In order to evaluate the

net effect of RF power on propulsive efficiency, however, the RF efficiency must also be

included.

7.2.2 HHT Single-Stage

In order to investigate the HHT loss mechanisms during operation with alternative pro-

pellants without using probe data, the exchange parameters are plotted as a function of

anode mass flow rate in Figs. 7.5 and 7.6. Because the cathode flow is xenon for all operat-

ing conditions, the weighted average molar mass of the cathode and anode flow is used in

the calculations.
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Figure 7.5: HHT single-stage voltage exchange parameter versus anode mass flow rate. E1
relates the effective exhaust velocity of the plume to the discharge voltage, taking into account
the molar mass of the propellant.

Figure 7.5 shows that the voltage exchange parameter generally increases with anode

mass flow rate and voltage. Although the nitrogen and argon operating conditions were at

higher discharge voltages, E1 remained low. The argon operating condition E1 was compa-
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rable to the 100-volt, 15-milligram per second xenon case, despite operating at 300 volts.

Linearly extrapolating the 100-volt xenon points to lower flow rates would appear to in-

tersect the nitrogen operating point. Thus, tt may simply be the low mass flow rate that

explains the low value of E1. However, the argon point appears that it may have a lower E1

than would a 300-volt operating condition with an equivalent xenon mass flow rate. The

lower E1 for argon and nitrogen reflects the fact that the effective exhaust velocity of the

propellant is very low considering the low molar mass of the propellant and the high dis-

charge voltage. This means that HHT is suffering from either much lower low propellant

utilization, larger beam divergence, or lower voltage utilization when operating with argon

and nitrogen as opposed to xenon.
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Figure 7.6: HHT single-stage mass exchange parameter versus anode mass flow rate. E2
relates the output flow of charge in the thruster to the inflow of propellant.

Figure 7.6 shows that the mass exchange parameter, E2, for xenon operation decreases

with anode mass flow rate, and is not significantly affected by discharge voltage. E2 for

argon appears to follow the trend for xenon, but E2 for nitrogen is much higher. The mass

exchange parameter compares the charge flow in the thruster to the inflow of propellant

molecules to the thruster. Thus, the high value of E2 may suggest that a significant portion
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of the molecular nitrogen propellant is dissociating into atomic nitrogen.

The HHT beam efficiency is calculated from the Faraday probe data, and the results are

shown in Fig. 7.7.
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Figure 7.7: HHT single-stage beam efficiency versus anode mass flow rate. Higher beam
efficiency is equivalent to a less divergent plume.

Previous experiments have shown that beam efficiency increases with increasing dis-

charge voltage, and weakly increases with increasing anode flow rate [140]. However,

Fig. 7.7 shows that the HHT’s beam divergence for the 200-volt nitrogen condition is equiv-

alent to the 100-volt xenon conditions, and the divergence of the 300-volt argon condition is

nearly the same as the 150-volt xenon conditions. This result suggests that the beam diver-

gence efficiency is affected by propellant gas species, and not simply mass flow rate. This

finding is consistent with the results seen by Linell, who showed that krypton propellant

consistently had a lower beam efficiency than xenon for equivalent operating conditions

in the NASA-173Mv1 Hall thruster [49]. Although the beam efficiency is lower for the

nitrogen and argon operating points, divergence alone does not entirely account the lower

values of the voltage exchange parameter seen in both.

Results calculated from the RPA and Langmuir probe data are plotted in Fig. 7.8.
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Figure 7.8: HHT voltage utilization efficiency plotted versus anode mass flow rate.

The data show that argon and nitrogen voltage utilization efficiency does not have a

significant deficit compared to xenon. The slightly higher voltage utilization of the argon

operating point may simply be explained by the fact that voltage utilization tends to increase

with increasing discharge voltage. The nitrogen operating point appears to fall in line

with the 200-volt xenon trend. Discharge voltage is the dominant factor in determining

voltage utilization, further evidenced by the lower voltage utilization of the 100-volt xenon

operating points.

The voltage exchange parameter is the product of the propellant utilization, the beam

efficiency, and the voltage utilization. So, taking the results from Figs. 7.5 to 7.8 with

Eq. 7.9, the propellant utilization is calculated by dividing E1 by the beam efficiency and

the voltage utilization. The resulting values are shown in Fig. 7.9.

This calculation shows that the HHT suffers from a very poor propellant utilization

when operating with nitrogen and argon in single-stage mode. This conclusion again fol-

lows well with the results reported by Linnell, who stated that “the beam divergence ac-

counts for a loss equally important as propellant utilization” when referring to operation

with krypton versus xenon propellant [49].
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Figure 7.9: HHT propellant utilization deduced from E1, ΨB, and ηV, and plotted versus anode
mass flow rate. The uncertainty in the 20-mg/s extends below 100%.

Diatomic nitrogen and argon have nearly the same first ionization energy, 15.58 eV

and 15.76 eV, respectively, compared to 12.13 eV for xenon [141]. However, the decrease

in propellant utilization, especially for nitrogen, is disproportionately larger than the 30%

difference in ionization energy compared to xenon. Although rotational and vibrational ex-

citation can sink energy away from a nitrogen discharge, no significant difference in voltage

utilization or propellant utilization is seen between nitrogen and argon. While the low effi-

ciency measured in the 100-volt xenon operating conditions is spread across mulitple loss

mechanisms, the major loss for argon and nitrogen is due to the significantly lower propel-

lant utilization. In particular, the poor nitrogen propellant utilization may be explained by

the fact that a nitrogen molecule, with a bond energy of 9.8 eV, can split into a pair of nitro-

gen atoms that each have a 14.53 eV first ionization energy [141]. Thus, dissociation of the

nitrogen molecule can sink energy away from the discharge, and transform the propellant

into gas species that require even more energy to ionize.
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7.2.3 HHT Two-Stage

Because RF efficiency is defined separately from anode efficiency, the exchange param-

eters can be used to investigate how the RF power affects the overall thruster behavior. The

voltage and mass exchange parameters are plotted against RF power in Fig. 7.10 and 7.11,

respectively. Figure 7.10 shows that the voltage exchange parameter increases slightly with

RF power. The trend decreases with increasing anode mass flow rate for xenon operating

conditions, with RF power having no effect for the 25-milligram per second xenon condi-

tions. The value of E1 for the 100-volt, 20-milligram per second xenon operating condition

increased by 26% with the application of 1030 watts of RF power. Only one operating point

each for argon and nitrogen with RF power were measured, but 270 watts of RF caused the

argon E1 value to increase by approximately 5%, and 300 watts of RF caused the nitrogen

E1 value to increase by approximately 17%.
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Figure 7.10: HHT two-stage voltage exchange parameter versus RF power.

Current utilization, which is equal to the mass exchange parameter, was not signif-

icantly affected by RF power, as shown in Fig. 7.11. However, an approximately 10%

decrease in the mass exchange parameter was measured for the 200-volt, 25-milligram per
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second xenon condition operating with 610 watts of RF power. The value of E2 for nitrogen

decreased by about 2% with 300 watts of RF applied.
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Figure 7.11: HHT two-stage mass exchange parameter versus RF power.

Faraday probe measurements were taken to determine the beam efficiency of the HHT

operating in two-stage mode. The results are plotted in Fig. 7.12, and suggest that the RF-

stage did not significantly affect the beam efficiency for the conditions that were measured.
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Figure 7.12: HHT two-stage beam divergence efficiency versus RF power.
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The voltage utilization was calculated using the RPA and Langmuir probe measure-

ments, as well as the HHT discharge current. The results are plotted in Fig. 7.13 as a func-

tion of RF power. The results indicate that the voltage utilization tended to decrease with

increasing RF power. Probe data was not taken for the nitrogen operating point in two-stage

mode, but the 100-volt, 20-milligram per second xenon operating condition experienced a

9% decrease in the voltage utilization when 720 watts of RF power was applied.
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Figure 7.13: HHT two-stage voltage utilization efficiency versus RF power.

The probe results together with the voltage and mass exchange parameter measure-

ments plotted in Fig. 7.10 and 7.11 indicate that the RF power indeed increased propellant

utilization efficiency. The propellant utilization of the 100-volt, 20-milligram per second

xenon condition increased by 13% with 720 watts of RF power, and the propellant uti-

lization of the argon operating condition increased by about 6%. However, the increase in

propellant utilization is not sufficient to overcome the reduced efficiency due to the use of

RF power, and so the thrust-to-power decreases with increasing RF power for all operating

conditions.
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CHAPTER 8

Conclusions

This dissertation has explored whether air-breathing EP is possible with currently

available technology. In particular, RF plasma technology was applied to investigate

whether it may increase the performance of an air-breathing thruster. Chapter 2 showed

that the concept of an air-breathing spacecraft is feasible, and that it may provide a

practical benefit over a conventional electric propulsion system if it is possible to operate

at approximately 200-kilometer orbit altitudes. The specific impulse requirements of an

air-breathing thruster matched well with reported ion beam energies measured downstream

of a helicon plasma source; however, there were no published direct thrust measurements

available. To address this void in the literature, the RPT was designed and built to test

whether a helicon source could provide the thrust necessary for a small, air-breathing

demonstration mission. Hall thrusters have the appropriate performance characteristics

when operating with xenon, but they have specific life-limiting mechanisms, and do not

operate efficiently with alternative propellants. So, the HHT was operated with nitrogen to

determine whether an RF ionization stage could increase the overall efficiency of a Hall

thruster operating with atmospheric gas.

139



8.1 Air-Breathing Thrusters

Performance measurements of the RPT showed that the overall thrust and efficiency are

quite low, and that the current theoretical descriptions of helicon plasma source operation

are not necessarily sufficient for designing an RF plasma thruster. Although the elimina-

tion of the hollow cathode provides a strong motivation to continue pursuing this type of

thruster, the physics responsible for thrust production must be determined more concretely

in order to guide the design process. The lack of thrust generated by the RPT with nitrogen

and air, despite a double-peaked RPA structure and bright plasma suggests that there is still

much to be understood about how an RF thruster interacts with the propellant.

The DC acceleration voltage required for an air-breathing electric thruster is lower than

the efficient operating range of Hall thrusters, and the thrust-to-power is on the high side

for typical Hall thrusters that use xenon propellant. Hall thrusters also operate at lower

efficiency when using alternate propellants, so the HHT was used to test whether an RF

ionization stage could boost the overall efficiency of a Hall thruster operating with nitrogen

propellant.

At approximately 20 millinewtons per kilowatt, the HHT thrust-to-power for nitrogen

operation is in the range where it could allow an air-breathing spacecraft to operate below

300-kilometer orbit altitudes. However, the RF stage did not improve the overall efficiency

of the HHT. These results merit the investigation of a single-stage Hall thruster that is de-

signed to work with nitrogen propellant. Magnetic shielding and erosion rates have not

been studied in Hall thrusters operating with atmospheric gases, and the lifetime of a Hall

thruster operating with nitrogen and oxygen must be explored in order to determine whether

Hall thrusters can provide a long-term air-breathing propulsion solution. In addition, the

material compatibility issues between hollow cathode inserts and atmospheric gases must

be resolved before a fully air-breathing Hall thruster is possible.
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8.2 Future Work

Eliminating the need for a hollow cathode would greatly simplify the task of creating

an air-breathing EP system. This one factor merits further investigation into ambipolar and

magnetic nozzle thruster concepts like the RPT. Future work should focus on improving

the knowledge of the physics responsible for producing thrust in devices similar to the

RPT. Some of the physics, such as magnetic field detachment of the plasma, are difficult

to study in ground-based facilities. However, using proper scaling, smaller thrusters, and

larger facilities may mitigate the facility effects to the point where practical knowledge can

be gained.

State-of-the-art DC thrusters already have the appropriate performance characteristics

to operate with atmospheric propellant. However, they require an electron source to oper-

ate. The creation of a high-current, low-power, oxygen-compatible cathode would greatly

aid the development of any DC air-breathing thruster concept. Microwave cathodes have

been operated on DC EP systems that have flown in space. These cathodes typically operate

with xenon propellant. So, it would be beneficial to determine a microwave cathode is ca-

pable of operating at high current with atmospheric gases. Other future work related to DC

thrusters might focus on the development of a Hall thruster that is magnetically shielded,

and that is designed to operate with nitrogen and oxygen propellant.

In addition to the thruster, there has been very little experimental research into the de-

sign of an inlet for the air-breathing spacecraft. An efficient inlet would reduce the perfor-

mance requirements of the propulsion system, and so it is an equally important component

that must be developed concurrently with an air-breathing thruster.

To continue working with the RPT and HHT at PEPL, the following specific work could

greatly improve the body of knowledge regarding RF plasma thrusters:

1. Helicon waves were not measured in the HHT or RPT. It would be beneficial to

the helicon community to perform a B-dot probe study with the RPT to determine
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whether helicon waves are excited. There is very little published experimental work

regarding annular helicon plasma sources, and no published experimental measure-

ments of annular helicon waves.

2. The RPT thrust increased most strongly with magnetic field strength. This merits a

thorough plume study with the RPT operating at even higher magnetic field strengths.

3. The matching network and antennas were not optimized to reduce ohmic dissipation.

To improve RF efficiency, applying a silver-coating to all RF connections will reduce

the RF circuit resistances (including connectors and antennas).

4. The losses in the matching network are unknown. The matching network should

be instrumented so that measurements of the antenna voltage and current can be

recorded. This will allow the study of matching network and plasma-antenna cou-

pling efficiencies, on which there is very little published experimental work.

5. The HHT and RPT antenna designs may not have been optimal for plasma coupling,

yet the HHT results indicated an increased propellant utilization efficiency. This

merits a further design study for both the RPT and HHT.
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APPENDIX A

Atmospheric Data

Tables A.1– A.3 show the data that was used for the air-breathing spacecraft calcu-

lations. The data is from a draft international standard by the International Organization

for Standardization titled “Space environment (natural and artificial) – Earth upper atmo-

sphere” (ISO/DIS 14222) [40]. ISO/DIS 14222 lists equatorial atmospheric reference data

for 0–900-kilometer altitudes from the NRLMSISE-00 model for different levels of solar

and geomagnetic activity. The data at 100–500-kilometer altitudes for low, moderate, and

high solar and geomagnetic activity levels are given in Table A.1, A.2, and A.3, respec-

tively.

Table A.1: Altitude profiles of atmospheric constituents for low solar and geomagnetic activity.

Altitude Density Temp. Gas Species Number Densities
(
m-3)

(km)
(
kg/m3) (K) nO nN2 nO2 nHe nAr nH nN nAnom. O

100 6.18E-07 1.71E+02 4.78E+17 1.02E+19 2.38E+18 1.17E+14 1.04E+17 2.70E+13 3.10E+11 2.24E-37
120 1.88E-08 3.53E+02 7.23E+16 3.11E+17 4.36E+16 2.50E+13 1.36E+15 6.07E+12 1.19E+12 1.41E-27
140 3.08E-09 5.21E+02 2.12E+16 4.89E+16 4.45E+15 1.50E+13 1.09E+14 2.17E+12 6.16E+12 2.44E-19
160 9.49E-10 6.05E+02 9.37E+15 1.38E+16 1.06E+15 1.16E+13 1.88E+13 1.09E+12 1.61E+13 1.12E-12
180 3.70E-10 6.48E+02 4.88E+15 4.76E+15 3.34E+14 9.61E+12 4.23E+12 7.31E+11 2.20E+13 1.45E-07
200 1.63E-10 6.70E+02 2.73E+15 1.80E+15 1.15E+14 8.21E+12 1.08E+12 5.94E+11 2.02E+13 1.20E-03
220 7.80E-11 6.82E+02 1.59E+15 7.14E+14 4.11E+13 7.12E+12 2.98E+11 5.32E+11 1.51E+13 1.22E+00
240 3.97E-11 6.88E+02 9.42E+14 2.93E+14 1.51E+13 6.21E+12 8.62E+10 4.98E+11 1.04E+13 2.43E+02
260 2.13E-11 6.92E+02 5.66E+14 1.23E+14 5.66E+12 5.45E+12 2.59E+10 4.75E+11 6.85E+12 1.40E+04
280 1.18E-11 6.94E+02 3.44E+14 5.27E+13 2.16E+12 4.78E+12 8.02E+09 4.57E+11 4.50E+12 3.08E+05
300 6.80E-12 6.95E+02 2.10E+14 2.30E+13 8.42E+11 4.21E+12 2.54E+09 4.41E+11 2.96E+12 3.26E+06
320 4.01E-12 6.96E+02 1.30E+14 1.01E+13 3.33E+11 3.71E+12 8.22E+08 4.27E+11 1.96E+12 1.96E+07
340 2.41E-12 6.96E+02 8.05E+13 4.54E+12 1.33E+11 3.28E+12 2.71E+08 4.13E+11 1.30E+12 7.64E+07
360 1.47E-12 6.96E+02 5.02E+13 2.06E+12 5.42E+10 2.90E+12 9.06E+07 4.00E+11 8.74E+11 2.13E+08
380 9.14E-13 6.96E+02 3.15E+13 9.43E+11 2.23E+10 2.56E+12 3.07E+07 3.87E+11 5.88E+11 4.60E+08
400 5.75E-13 6.96E+02 1.99E+13 4.37E+11 9.29E+09 2.27E+12 1.06E+07 3.75E+11 3.98E+11 8.15E+08
420 3.66E-13 6.96E+02 1.26E+13 2.04E+11 3.91E+09 2.01E+12 3.66E+06 3.64E+11 2.70E+11 1.24E+09
440 2.35E-13 6.96E+02 8.06E+12 9.61E+10 1.66E+09 1.78E+12 1.29E+06 3.53E+11 1.85E+11 1.69E+09
460 1.53E-13 6.96E+02 5.17E+12 4.56E+10 7.13E+08 1.58E+12 4.55E+05 3.42E+11 1.26E+11 2.09E+09
480 1.01E-13 6.96E+02 3.33E+12 2.18E+10 3.09E+08 1.41E+12 1.63E+05 3.32E+11 8.68E+10 2.42E+09
500 6.79E-14 6.96E+02 2.15E+12 1.05E+10 1.35E+08 1.25E+12 5.87E+04 3.22E+11 5.99E+10 2.66E+09
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Table A.2: Altitude profiles of atmospheric constituents for mean solar and geomagnetic activity.

Altitude Density Temp. Gas Species Number Densities
(
m-3)

(km)
(
kg/m3) (K) nO nN2

nO2
nHe nAr nH nN nAnom. O

100 5.73E-07 1.88E+02 5.22E+17 9.60E+18 2.00E+18 1.16E+14 9.71E+16 1.89E+13 3.76E+11 7.28E-37
120 2.03E-08 3.65E+02 9.27E+16 3.36E+17 3.95E+16 3.08E+13 1.49E+15 3.47E+12 1.77E+12 5.52E-27
140 3.44E-09 6.10E+02 2.73E+16 5.38E+16 3.84E+15 1.83E+13 1.26E+14 8.82E+11 9.45E+12 8.98E-19
160 1.20E-09 7.59E+02 1.31E+16 1.72E+16 9.29E+14 1.39E+13 2.64E+13 3.46E+11 2.73E+13 4.12E-12
180 5.46E-10 8.53E+02 7.47E+15 7.08E+15 3.22E+14 1.16E+13 7.67E+12 2.01E+11 4.18E+13 5.33E-07
200 2.84E-10 9.11E+02 4.67E+15 3.27E+15 1.31E+14 1.00E+13 2.61E+12 1.53E+11 4.31E+13 4.43E-03
220 1.61E-10 9.49E+02 3.06E+15 1.62E+15 5.81E+13 8.91E+12 9.73E+11 1.33E+11 3.64E+13 4.48E+00
240 9.60E-11 9.73E+02 2.07E+15 8.36E+14 2.71E+13 8.00E+12 3.84E+11 1.23E+11 2.82E+13 8.94E+02
260 5.97E-11 9.88E+02 1.43E+15 4.44E+14 1.31E+13 7.24E+12 1.58E+11 1.17E+11 2.10E+13 5.14E+04
280 3.83E-11 9.98E+02 9.94E+14 2.40E+14 6.48E+12 6.59E+12 6.69E+10 1.13E+11 1.56E+13 1.14E+06
300 2.52E-11 1.00E+03 7.00E+14 1.32E+14 3.27E+12 6.01E+12 2.90E+10 1.10E+11 1.15E+13 1.20E+07
320 1.69E-11 1.01E+03 4.96E+14 7.35E+13 1.67E+12 5.50E+12 1.28E+10 1.07E+11 8.60E+12 7.22E+07
340 1.16E-11 1.01E+03 3.54E+14 4.13E+13 8.66E+11 5.04E+12 5.75E+09 1.05E+11 6.45E+12 2.81E+08
360 7.99E-12 1.01E+03 2.54E+14 2.35E+13 4.54E+11 4.62E+12 2.61E+09 1.02E+11 4.86E+12 7.85E+08
380 5.60E-12 1.01E+03 1.83E+14 1.34E+13 2.40E+11 4.24E+12 1.20E+09 1.00E+11 3.68E+12 1.69E+09
400 3.96E-12 1.02E+03 1.32E+14 7.74E+12 1.28E+11 3.90E+12 5.61E+08 9.79E+10 2.79E+12 3.00E+09
420 2.83E-12 1.02E+03 9.56E+13 4.50E+12 6.90E+10 3.59E+12 2.64E+08 9.59E+10 2.13E+12 4.57E+09
440 2.03E-12 1.02E+03 6.96E+13 2.63E+12 3.74E+10 3.30E+12 1.25E+08 9.38E+10 1.63E+12 6.21E+09
460 1.47E-12 1.02E+03 5.08E+13 1.55E+12 2.05E+10 3.04E+12 6.00E+07 9.19E+10 1.25E+12 7.70E+09
480 1.07E-12 1.02E+03 3.72E+13 9.15E+11 1.13E+10 2.80E+12 2.90E+07 9.00E+10 9.59E+11 8.92E+09
500 7.85E-13 1.02E+03 2.73E+13 5.44E+11 6.24E+09 2.58E+12 1.41E+07 8.81E+10 7.39E+11 9.81E+09

Table A.3: Altitude profiles of atmospheric constituents for high solar and geomagnetic activity.

Altitude Density Temp. Gas Species Number Densities
(
m-3)

(km)
(
kg/m3) (K) nO nN2

nO2
nHe nAr nH nN nAnom. O

100 5.64E-07 2.02E+02 5.70E+17 9.71E+18 1.72E+18 1.21E+14 9.73E+16 1.43E+13 5.38E+11 1.57E-36
120 2.22E-08 3.80E+02 1.15E+17 3.72E+17 3.37E+16 3.61E+13 1.62E+15 2.13E+12 3.08E+12 1.36E-26
140 3.93E-09 7.10E+02 3.51E+16 6.07E+16 3.02E+15 2.09E+13 1.43E+14 3.93E+11 1.76E+13 2.12E-18
160 1.54E-09 9.16E+02 1.86E+16 2.17E+16 6.80E+14 1.59E+13 3.51E+13 1.24E+11 5.84E+13 9.74E-12
180 7.87E-10 1.05E+03 1.15E+16 1.00E+16 2.29E+14 1.34E+13 1.21E+13 6.34E+10 1.02E+14 1.26E-06
200 4.57E-10 1.14E+03 7.72E+15 5.24E+15 9.68E+13 1.17E+13 4.91E+12 4.52E+10 1.18E+14 1.05E-02
220 2.86E-10 1.19E+03 5.42E+15 2.93E+15 4.65E+13 1.05E+13 2.18E+12 3.83E+10 1.09E+14 1.06E+01
240 1.87E-10 1.23E+03 3.93E+15 1.71E+15 2.42E+13 9.62E+12 1.03E+12 3.51E+10 9.18E+13 2.11E+03
260 1.27E-10 1.25E+03 2.90E+15 1.03E+15 1.32E+13 8.85E+12 5.02E+11 3.34E+10 7.39E+13 1.22E+05
280 8.87E-11 1.27E+03 2.17E+15 6.30E+14 7.43E+12 8.19E+12 2.52E+11 3.23E+10 5.87E+13 2.68E+06
300 6.31E-11 1.28E+03 1.64E+15 3.91E+14 4.28E+12 7.60E+12 1.30E+11 3.15E+10 4.65E+13 2.84E+07
320 4.56E-11 1.29E+03 1.25E+15 2.46E+14 2.51E+12 7.07E+12 6.77E+10 3.08E+10 3.70E+13 1.71E+08
340 3.34E-11 1.30E+03 9.53E+14 1.56E+14 1.49E+12 6.59E+12 3.59E+10 3.02E+10 2.95E+13 6.65E+08
360 2.47E-11 1.30E+03 7.32E+14 1.00E+14 8.94E+11 6.16E+12 1.93E+10 2.97E+10 2.36E+13 1.85E+09
380 1.85E-11 1.30E+03 5.65E+14 6.44E+13 5.41E+11 5.75E+12 1.05E+10 2.91E+10 1.90E+13 4.00E+09
400 1.40E-11 1.30E+03 4.37E+14 4.18E+13 3.30E+11 5.38E+12 5.75E+09 2.86E+10 1.54E+13 7.10E+09
420 1.06E-11 1.30E+03 3.39E+14 2.73E+13 2.03E+11 5.04E+12 3.18E+09 2.82E+10 1.24E+13 1.08E+10
440 8.13E-12 1.31E+03 2.64E+14 1.79E+13 1.26E+11 4.72E+12 1.78E+09 2.77E+10 1.01E+13 1.47E+10
460 6.26E-12 1.31E+03 2.06E+14 1.18E+13 7.84E+10 4.42E+12 1.00E+09 2.72E+10 8.21E+12 1.82E+10
480 4.84E-12 1.31E+03 1.62E+14 7.85E+12 4.91E+10 4.14E+12 5.66E+08 2.68E+10 6.69E+12 2.11E+10
500 3.76E-12 1.31E+03 1.27E+14 5.23E+12 3.10E+10 3.89E+12 3.23E+08 2.64E+10 5.47E+12 2.32E+10
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APPENDIX B

Ferrite Material Data

Two types of ferrite materials were used in the EMI mitigation scheme at PEPL:

Ferrite 1: TDK part # ZCAT3035-1330s

Figure B.1: TDK ZCAT 3035-1330s ferrite material characteristics.

Ferrite 2: API Delevan part # BF2390

Figure B.2: API Delevan BF2390 ferrite material characteristics.
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