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Abstract

An investigation into the effectiveness of passive
control techniques on shock-induced boundary-layer
separation at hypersonic speeds has been conducted.
Two approaches to alleviating the turbulent separation
losses were examined: (1) porous surface mass trang-
fer and (2) surface grooving. A total of four perforated
surfaces with varying porosities were evaluated. Three
groove orientations with respect to the free-stream di-
rection were also studied: transverse, swept, and lon-
gitudinal. Test results from these passive control tech-
niques were compared to results from an “uncontrolled”
shock impingement to determine the relative effective-
ness of the devices. These comparisons indicated that
the porous surface with the greatest porosity provided
the largest reduction in the pressure rise across the
oblique shock wave; however, the length of the inter-
action region was significantly extended. Each of the
grooved configurations examined increased the peak
pressure value. In general, the grooved surfaces tested
were found (o be an ineffective means of suppress-
ing the losses across the shock system at hypersonic

(M=6) speeds.
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In addition to the experimental efforts to ex-
amine the shock-induced . boundary-layer separation,
two-dimensional, thin-layer Navier-Stokes computa-
tions were undertaken, Results from the Navier-Stokes
code compared favorably with the experimental data
for the solid wall (i.e. reference) configuration,

Nomenclature

groove depth
groove width
pressure coefficient

finite volume

H‘E’S}O‘hﬁ

thermal conductivity
constant

kg1, ‘Baldwin-Lomax
coefficient

Mach nuinber

<

wall-normal direction

=

pressure
P, Prandtl number
q heat flux

R, free-stream Reynolds
number



R, Reynolds number per
unit length

t rib thickness

T temperature

U streamwise velocity

v wall-normal velocity

XL streamwise flat-plate
length

YL flat-plate semispan

XX non-dimensionalized
streamwise length

Y/YL non-dimensionalized
spanwise length

XY Z Cartesian
coordinates

Greek Symbols

B flow-deflection angle

) boundary-layer thickness

é shock-wave angle

i viscosity coefficient

Subscripts

e effective

0 stagnation conditions

t turbulence quantities

w wall conditions

00 ' freestream conditions

Introduction

Considerable attention has been directed toward
controlling shock-induced boundary-layer separation at
hypersonic speeds. This interest stems, in part, from
the current efforts to develop a single-stage-to-orbit hy-

personic vehicle. During transatmospheric flight, shock
waves generated by a lifting body, a deflected control
surface, or a wingbody juncture can separate the bound-
ary layer adversely affecting a vehicle’s lift and drag
characteristics. The problem of shock-wave-induced
separation is also relevant af the inlet of a supersonic
combustion ramjet {scramjet) engine, where reflected
compression and expansion waves interact with the
boundary layer on the opposing wall. These interac-
tions can significantly increase the pressure loads and
heat transfer rates at the surface of the inlet. Bogdonoff
and Poddar T noted that such interactions "ace of fun-
damental interest to the efficient design of high-speed
inlets where the losses, exit flow details, and character
of the flow, are of key importance in ... combustor
design.” :

Therefore, the behavier of a compressible, turbu-
lent boundary layer in the presence of an incident shock
is of particular interest. It is known from compressible
flow theory that an oblique shock slows the velocity of
incoming fluid, and that this deceleration is accompa-
nied by a steep rise in pressure. As the shock strength is
increased, the boundary layer separates®. If the near
wall momentum is angmented or the pressure differ-
ential across the shock decreased, separation may be
suppressed.

Efforts to suppress or eliminate shock-induced
separation can be divided into two categories: ac-
tive control systems (e.g. suction, injection, or wall-
cooling) and passive control systems (e.g. porous wall
mass transfer, vortex generators, surface grooving).
The majority of this research, summarized in Refer-
ence [3], has been conducted at supersonic and tran-
sonic speeds.

Active control systems affect changes in the
boundary layer through either mass addition or mass
removal at the surface. The power required for this
surface mass transfer may be significant and result in
a net degradation in the vehicle’s performance, Bertel-
rud ¥ stated that while active suction and/or injection
“may give a gross drag reduction, the energy required
for pumping may preclude a net gain." This fact com-
bined with the added weight and mechanical complex-
ity of the active control system suggests the need for
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alternatives.

Therefore, the study discussed herein will focus
on two passive control techmiques in the presence of
a high-speed, high Reynolds number shock/boundary-
layer interaction. The passive control methods to be
examined are:

(1) a reduction of the adverse pressure gradient

through perforated/porous surfaces, and

(2) the modification of near-wall momentum

distribution through surface grooving,

Previous Experimental Work

At low speeds, passive control through porous
mass transfer has been proven to be a viable meang
of controlling boundary-layer separation® %71, One of
the most common applications of porous surface mass
transfer for passive drag reduction occurs in supercrit-
ical airfoil design. In the vicinity of a terminating nor-
mal shock a portion of the upper surface of the airfoil
is replaced by a thin perforated sheet covering a small
cavity located in the surface. The slower, high pres-
sure air behind the shock is bled through the cavity to
the low pressure region in front of the shock. This sub-
stantially thickens the upstream boundary layer creating
compression waves which weaken the incident shock.
The total pressure loss through the shock system is,
therefore, reduced by creating a smoother, more isen-
tropic compression®®, In addition, the pressure rise is
spread over a greater streamwise distance which helps
to reduce the velocity and temperature gradients near
the surface.

Work completed by Nagamatsu et al.l®! achieved
sizable drag reductions for a transonic airfoil with
porous surface modifications. Tests were performed
on a 14% thick NASA superctitical airfoil with a max-
imum porosity of 10.4%, based on the ratio of the open
area divided by the total arca of the perforated surface.
Nagamatsu obtained drag reductions of up 1o 40% at
a Mach number of 0.83.

More recently, Bauer and Hernandez [ inves-
tigated the effectiveness of using porosity to mini-
mize crossflow shock/boundary-layer separation at su-

personic speeds. Results obtained for a solid surface
swept-conical-wing configuration at a Mach number of
1,70 were compared to results with a porous surface.
For a porosity of 22% the researchers noted a decrease
in the shock strength and negligible amounts of sep-
arated flow. It was further determined that an airfoil
with 22% porosity more effectively reduced the shock
strength than an airfoil with 11% porosity.

Surface grooving, the second passive control tech-
nique investigated in the present tests , was first intro-
duced during the 1960's as a means of controlling or
delaying separation in diffusers™ 19", More recently,
surface grooving has been shown by Howard eg al, (2]
to significantly reduce the drag on bluff bodies at sub-
sonic speeds. Since bluff body drag is typically dom-
inated by afterbody flow separation effects!!!, a series
of circumferential (transverse) grooves were machined
into the aft section of an axisymmetric model. The
optimal positioning and sizing of the grooves resulted
in significant drag reductions, in some instances up to
50%.

The effectiveness of surface grooving may be at-
tributed to several factors: (1) the grooves shed vortic-
ity which energize the boundary layer, (2) they act as
a laminar boundary-layer trip mechanism, and (3} they
perform a function similar to a “roller bearing”®!; that
is, the grooves break up the larger separated flow re-
gion into smaller separated regions effectively creating
a slip condition at the walll®, A modification of the
“no-slip” boundary condition significantly reduces the
distance to reattachment and decreases the drag.

The objective of the this investigation is to de-
termine whether the passive separation control benefits
demonstrated at low speeds can be obtained at hyper-
sonic Mach numbers.

Experimental Methods

The Wind Tunnel

The NASA Langley Mach 6 High Reynolds Num-
ber Wind Tunnel (Figure 1) is used to study turbulent



boundary layers and free-mixing shear layers over a
wide range of Reynolds numbers. The blowdown facil-
ity uses air as its test medium and operates at Reynolds
numbers varying between 0.8x10% and 37x10° per foot.
Maximum stagnation pressures of 2700 psi at a stagna-
tion temperature of 550°F are obtainable. The circular
tunnel test section is 42 inches long and 12 inches in
diameter. High pressure air is supplied upstream of the
test section and exhausts downstream into a 41-foot
vacuum sphere. At low stagnation pressures (Po=200
psia), the run time is approximately two minutes and
is limited by the volume of the vacuum sphere. The
tnnel is vented to atmosphere for higher stagnation
pressures (Po2700 psia) and the run time is dependent
on the air supply. For stagnation pressures of 700-1000
psia the run time is essentially unlimited. A more ex-
tensive description of the facility and its capabilities
may be found in Reference{14].

The Wind Tunnel Model

To investigate passive separation control tech-
niques, a variable geometry two-dimensional model
was constructed. The model consisted of a wedge-type
shock generator placed above a flat plate, as shown in

Figure 2.
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The flat-plate model was 36 inches long and 7.75
inches wide. A rectangular cavity (5 X 8.5 X 0.25") in
the plate was located 18 inches downstream from the
flat-plate leading edge. Interchangeable passive control
insert plates were installed into the cavity and tested.

The wedge-type shock generator was 8 inches long
and had a span of 5 inches. The spanwise length of
the shock generator was limited due to tunnel blockage
effects. The shock generator had a sharp leading edge
with an included angle of approximately 14.5 degrees.
Both the height of the shock generator and its angle of
inclination relative to the free stream were variable.

Three types of stainless steel insert plates were
examined; porous plates, grooved plates and a baseline
solid plate. A total of four perforated surfaces with
porosities ranging from 22% open to 28% open, based
on the total open area divided by the area of the perfo-
rated sheet, were evaluated. The maximum perforated
surface thickness was approximately 0.04 inches. The
porous plates were mounted to a rectangular support
structure using high temperature silicone sealant. Three
groove orientations with respect to the free stream were
also studied; longitudinal, transverse, and swept (see
Figure 3). The effects of a 0.1 inch and a 0.05 inch
spacing between the grooves were evaluated. A solid
insert plate was also manufactured to obtain "baseline™
flat-plate measurements for comparison,

41 - foot
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%, Sphere

Schlieren
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Pneumatic Injection/
refraction systam

Figure 1 Schematic of the Mach 6 High Reynolds Number Tunnel.
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Figure 2 Shock/boundary-layer interaction
model in the MG6HRN test section.

Groove Geometry

Transverse

li

T

Longitudinal

a b ]

Transverse 0100" 0.100" 0.100"

050" 0.050" 0.050"

Longitudinat 0 100" 0.106" 0.100"
0.050" 0.050" 0.050"

Swopt 0.004" 0.034" 0.100"
0.047" 0.047" 0.050"

Figure 3 Schematic of grooved
boundary-layer control devices.

Numerical Investigations

In addition to the experimental study, com-
putations wese performed for the two-dimensional
shock/boundary-layer interaction,

Computational Algorithm

The Computational Fluids Laboratory code was
developed, by J. Thomas at NASA Langley Research
Center, to solve the steady state thin-layer Navier-
Stokes equations. The thin-layer Navier-Stokes ap-
proximation is obtained by neglecting terms on the or-
der of R and smaller. Therefore, viscous terms with
derivatives parallel to the surface of a body are not re-
tained since they are substantially smaller than viscous
terms with derivatives normal to the surface, This ap-
proximation is especially suited 1o high-Reynolds num-
ber flows where the effects of viscosity are concentrated
near surface boundaries.

The thin-layer Navier-Stokes equations are con-
verted to a system of algebraic equations vsing a semi-
discrete finite-volume (FV) method!"]. A spatially split
approximate factorization scheme is used to advance
the solution in timel%, Upwind fux-differencing!!™
is used to discretize the convective and pressure (in-
viscid) terms whereas central differencing is used to
discretize the diffusive (viscous} terms. The resulting
steady-state solution is second-order accurate and in-
dependent of the time step.

Initial and Boundary Conditions

The accuracy of the numerical algorithm depends
largely on the appropriate selection of initial and bound-
ary conditions, Typically, the conditions specified re-
flect physical observations and proven computational
resulis. For the shock/boundary-iayer interaction prob-
lem considered here, free-stream initial conditions are
imposed throughout the computational domain. Along
the flat plate, no-slip adiabatic wall boundary condi-



tions are applied

Uwatt = tangential velocity = 0
Vwan = normal velocity = 0

-—k(ai) = quait = heat fluez =0

The pressure boundary at the solid wall is specified by
setting the normal pressure gradient (42) equal to zero.
The conditions at the top of the domain are specified
using oblique shock jump relations requiring conser-
vation of mass, momentum, and energy. At the en-
trance of the computational domain, free-stream condi-
tions are imposed on the cell enters located upstream of
the impinging shock, and shock jump relations are im-
posed on the cell centers Jocated downstream of the im-
pinging shock. The boundary conditions at the down-
stream limit of the computational domain are extrapo-
lated from conditions just inside the domain.

Turbulence Modeling

The time-averaged (or Reynolds-averaged) Navier-
Stokes equations are used in conjunction with the
Baldwin-Lomax (B-L) mixing-length model to simu-
late the effects of turbulence, The primary advantage
of the B-L turbulence model is that the thickness of the
boundary layer need not be specified to close the system
of equations. The vorticity distribution is used to de-
termine the relevant length scales. Since the boundary-
Jayer thickness is often difficult to compute, especially
for separated flows, the B-L model removes a source of
potential error from the Navier-Stokes solutions. De-
tails of the turbulent closure model employed are dis-
cussed below.

The Baldwin-Lomax model simulates the effects
of wrbulence by the introduction of two turbulence
modeling parameters —an eddy viscosity coeflicient,
#e> and a torbulent conductivity term, £-. These
modeling parameters are related to the lammar flow
coefficients by,

He = p+
ke _ g
Cp Pr Pri

where 4t is the molecular coefficient of viscosity and
£- is the laminar heat flux. The constant appearing in
me above equation is assigned the value, kpz = 0.4.

The shear layer is separated into two modeling re-
gions, with dissimilar eddy viscosity coefficients. The
turbulence model for the inner region is patterned after
the Cebeci-Smith ¥ two-layer model. The turbulence
model for the outer region is defined such that the loca-
tion of the boundary-layer edge need not be determined,
simplifying the reguired number of calculations. Addi-
tional information regarding the formulation of the B-L
turbulence model may be found in Reference[19].

Results and Discussion

Experimental Results

The primary objective of this investigation was to
determine whether passive control techniques offer a
viable means of minimizing shock-induced boundary-
layer separation at hypersonic speeds. With this goal
in mind, the first phase of the investigation focused on
the behavior of a shock/boundary-layer interaction over
a solid surface. Surface pressure measurements, oil
flows, and schlieren photography were used to identify
basic features of the shock structure at a flow deflection
angle of 12.5 degrees. Unless otherwise noted, all of
the results presented herein were obtained at the follow-
ing operating conditions; i.c., P,=1000 psia, T,=475
OF, Re/ft=15.175X10%, and #=12.5°. The second phase
of the investigation addressed the two passive control
technigues previously discussed:

(1} a weakening of the adverse pressure gradient
through passive surface perforation,

(2) the modification of near-wall momentum
distribution through surface grooving.

Test results from these passive devices were com-
pared to the “uncontrolled” shock impingements to de-
termine their relative effectiveness (See Table 1).

<



Instrumented Insert

Shock Generator/Flow

Case Plate Defiection Angle g

1 Solid Insert N/A

2 Solid Insert £8=7.5%,10.0°12.5°
Grooved Insert

3 Longitudinal Narrow | #=7.5°,10.0°,12.5°
& Wide Spacing
Grooved Insert

4 | Transverse Narrow & | 5=7.5%10.0%12.5°
Wide Spacing

Grooved Insert Swept
5 Narrow & Wide
Spacing

4=7.5%10.0°125°

Porous Insert 28% f=17.5%10.0°125°

Porous Insert 27% B8=1.5°100012.5°

Porous Insert 23% £=15%10.0°%12.5°

wilow{ -1 o

Porous Insert 22% B=1.5%100°12.5°

Table 1 Experimental Test Matrix

This initial discussion of the experimental data
is followed by computational results from the two-
dimensional Navier-Stokes code (CFL2D). Compar-
isons between the experimental and computational data
are made where possible.

Shock-Induced Separation of a
Flat-Plate Boundary Layer

When an oblique shock wave impinges upon the
surface of a model the pressure rises abruptly through
the shock. The pressure gradient produced by the shock
is then propagated upstream and downstream of the
point of impingement. This leads to a local thickening
of the subsonic portior of the boundary layer creating
compression waves in the outer flow ficld. These waves
cause additional adjustments in the boundary layer until
a final equilibrium state is reached.

If the overall change in pressure is large enough,
the boundary layer will separate. The adverse pres-
sure gradient imposed by the outer stream causes fluid

within the boundary layer to decelerate forming a re-
gion of reversed flow, followed by reattachment, This
“bubble” of reversed flow is generally associaied with
the formation of vortices and large energy lossest™, In
addition, high heating rates are observed near the point
of reattachment where the shear layer contacts the sur-
face downstream of the separation bubble.

Because of the detrimental effects of flow sepa-
ration on vehicle performance, a great deal of effort
has been devoted to recognizing separated flows. Sur-
face pressure distributions are often used to identify
the “approximate™ location and the extent of separa-
tion. Three distinct regions can be identified from walt
pressureé measuréments;

(1) an increase in pressure due to separation

(2) a reduced or zero pressure gradient within the

separation bubble, and

(3) a pressure rise following reattachment(20],

Cblique Shock
Expansion

an
/ Reattachment
Compression Fan

Mu ~e»

Separation
Compressjon Fa

v

Figure 4 Wall pressure distributions within a
separated flow region (from P.R. Viswanath 1988).

A schematic of a typical pressure plot for a shock-
induced separation is provided in Figure 4. In addition
to surface pressure measurements, schlieren photogra-
phy and oil flow visvalization techniques may be used
to determine the approximate separation and reattach-
ment locations.



Static Pressure Measurements

The streamwise pressure distribution, provided in
Figure 5, corresponds to a flow deflection angle of
12.5°. The pressure at the wall (Pw) is normalized by
the free-strcam static pressure (Poo), and then plotted
against the streamwise distance (X), normalized by the
flat-plate length (X;). The pressure ratio determined
from inviscid theory is represented by the horizontal
line located to the right of the data.

The static pressure distributions observed are typ-
ical of many high-speed shock/boundary-layer interac-
tions 21 Three distinct regions can be identified;
(1) an initial pressure rise, (2) a “kink” or an abrupt
change in slope, and (3) an increase in pressure to a
value slightly greater than that predicted by inviscid
theory. The sharp decline in the pressure, which im-
mediately follows the peak pressure, is caused by the
trailing-edge expansion fan from the shock generator.
The region of interest in the present experiment cccurs
upstream of the expansion fan.

20,0 ¢

Inviscld Pressure

1501 L‘V

1w0.0}F
50
Insert
D-O----nllnlnlnlll’A(l/lP‘la‘lalllll
0.00 0.20 0.40 0.80 0.80 1.00

X/X,, Non-dimensionalized Streamwise Distance {X,=36 In.)

Figure 5 Streamwise surface pressure distrlbution for
the solid surface at a flow defiection angle of 12.5°,

The discrepancy observed between the inviscid
pressure peak and the experimental resulis can be at-
tributed to several factors. The majority of the exper-
imental pressure rise is duc to compression fans in-
troduced by the boundary-layer separation. The flow

upstream of the main shock structure passes through a
series of compression waves which serve to increase
the pressure and entropy of the fluid. In addition, the
shape of the oblique shock near the wall and its de-
tachment distance are directly related to the pressure
measured at the surface. Since the shock generator
has a finite leading-edge thickness, the shock angle is
slightly greater than that determined inviscidly.

The spanwise pressure measurements for the
B=12.5" test case are shown in Figure 6. The pressure
at the wall (Pw) is normalized by the free-stream static
pressure (Poo) and then plotted against the spanwise
distance (Y), normalized by the flat-plate width (Ypr).
A total of twenty-four pressure orifices, corresponding
to three positions downstream of the flat-plate leading
edge, are examined. The two static pressure distri-
butions obtained upstream of the oblique shock im-
pingement (X/X;=0.381, 0.583 inches) are essentially
uniform and characteristic of a developing flat-plate
boundary layer,

200
15.0 |
Shock-Generator
: 1 Width
10,0 = | |
. |
sol o/OJO-I O\Q\o XX, =0.667"
X/X,=0.583"
T o Ty o L SV YUY oY = "
0.0 ....l....|....l....r....|....a....IQ.:(!).:l."lc":"al

-1.00 -0.75 050 -0.25 -000 025 050 075 1.00
Y/Y, , Non-dimensionalized Spanwise Distance (Y =3.875 i)

Figure 6 Spanwise surface pressure distribution for the
solid surface at a flow deflection angle of 12.5°.

The spanwise pressurcs measured immediately
downstream of the shock (X/X.=0.667 inches) are ap-
proximately constant at the center, appear curved near
the cdges (% > :1:0.2? of the plot. In the present
investigation, one would expect the closest approxima-
tion to a 2-D shock/boundary-layer interaction to take



place along the centerline of the model; this is the re-
gion which is less likely to encounter end effects pro-
duced by the finite-width shock generalor mechanism
and the tunnel side-wall boundary layer.

il Flow Visualization

Qil flow visualization techniques were vsed (0
obtain qualitative information aboul the strength and
direction of the surface shear forces. Particular em-
phasis was placed on dctermining the extent of (wo-
dimensional flow near the shock impingement location.
A light coating of 500cs oil mixed with fluorescent dye
was applied to the surface of the flat-plate model. A
random covering of small spherical oil drops scemed
to work the best. Once the oil flow patierns had devel-
oped, the model was illuminated with ultraviolet light
and then photographed. Typically regions of high mo-
mentum were noted by an absence of oil, whereas re-
gions of scparated or reversed flow were noted by an
accumulation ol oil.

Qil flow visualization resulls, acquired at a flow
dellcction angle of 12.5%, are given in Figuee 7. The
surface streamline patterns indicate that the flow over
the instrumented insert is largely separated. A ridge
of oil is formed where the flow upstream of the shock
encounters a region of reversed Aow (ie.  separation
bubble). It is important to note that this “linc of
accumulation” oscillates upstream and downstream of
the actual scparation location and is, therefore, only a
time-averaged indication of scparation, Note that the
apparent cellular structure in the oil flow of Figure 7
is not a flow phenomena but is rclated to the manner
in which the oil drops were applied.

Figure 7 illustrates the curved, three-dimensional
nature of the shock/boundary-layer interaction. End ef-
fects, created by the shock generator mechanism, pro-
duce significant regions of 3-D flow near the edges
of the instrumented insert plate. Along the centerline
of the flat-plate model the flow more closcly approxi-
mates a two-dimensional interaction. The feasibility of
producing a purely two-dimensional shock/boundary-
layer interaction has been discussed at length by several
authors{®- 221, Bogdonoff noted that if the shock wave

is sufficicntly strong or the geometry has a sharp com-
pression comer, “small subsonic regions (will) develop
which make it almost impossible to guarantce that the
flow is two-dimensional 4

Flow direction

~--Separated
alr flow

Figure 7 Ol flow visuallzation of
an oblique shock impingement.

Schlieren Photography

Schlicren photographs of the shock/boundary-layer
interaction region were obtained for a (low deflection
angic of 12.5%, A photo of the shock gencrator located
opposile the flat plate with the flow dirccted from feft to
right is provided in Figure 8. The thin white horizontal
ling ncar the bottom of cach frame corresponds to the
flat-plate boundary-layer cdge. The subsonic portion
of the boundary laycr cxhibits local thickening due to
the adverse pressure gradient imposed by the oblique
shock. This thickening of the boundary layer creates
compression waves immediately upstream of the inter-
action region. A sccondary wave formed by the refrac-
tion of the incident shock wave is also visible. At the
onsct of separation, the boundary layer detachcs from
the surface of the flat-plate model forming a region of
reversed flow followed by reattachment. The expansion
fan created by the trailing edge of the shock genera-
tor mechanism impacts the model surface downstream
of this reattachment point. A schematic illustrating the



salient features of a typical shock/boundary-layer inter-
action was previously shown in Figure 4.

ock-generator

Flat-plate
boundary layer

Leading edge of
insert

Figure 8 Schlleren photograph of an oblique
shock impingement on a solid flat plate.

Porous/Perforated Surfaces

The static pressure distributions for the solid sur-
face are compared to the porous surface measurements
at a flow deflection angle of 12.5 degrees. Results from
iwo porous surfaces with porosities of 22% and 28%
open are provided in Figure 9. The wall static pres-
sure (Py) is normalized by the free-stream static pres-
sure (Poo) and plotted against the non-dimensionalized
flat-plate length. The dashed line identifies the solid
surface (i.e., 0% porosity) results,

The porous wall pressure distributions, shown in
Figure 9, can be divided into three distinct regions:
(1) an abrupt pressure rise originating eight to nine
boundary-layer thicknesses (§~0.5 inches) upstream of
the baseline pressure increase; (2) followed by a change
in the slope of the curve; and (3) an increase in pressure
to a peak value measurably less than that observed for
the solid surface. The sharp decline in pressure which
immediately follows the peak pressure is caused by the
trailing-edge expansion fan from the shock generator.
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Figure 9 Comparison of porous insert
plates at a flow deflection angle of 12.5°.

Schlieren photography of the flow over a 28%
open perforated plate, at a shock-generator angle of
12.5 degrees is provided in Figure 10, The shock-
generator mechanism is located opposite the flat-plate
with flow directed from left to right. The vertical line
located beneath the shock-generator mechanism corre-
sponds 1o the leading edge of the rectangular cavity. A
schematic of the flow field over the perforated insert is
sketched in Figure 11.

A comparison of the flow visvalization results
from Figures 8 and 10, indicates that the presence of
surface porosity decreases the strength of the shock
wave interaction. As shown in Figure 11, the slower,
higher pressure air behind the shock circulates through
the rectangular cavity to the low pressure region in
front of the shock. This passive “injection” of fluid
causes the boundary layer to decelerate and thicken,
creating stronger compression waves in the outer flow
field than are observed for the baseline case (Figure B),
These waves coalesce forming an oblique shock wave
just upstream of the perforated insert, shown in Figure
10. This initial shock wave lowers the Mach number
upstrcam of the externally generated shock wave, thus
weakening the strength of the interaction, This result
is consistent with the surface pressure distributions,
provided in Figure 9, which show a smaller pressure

S



rise through the external shock wave for the perforated
insert.

Fiat-plate
boundary layer

eading
porous insert
R

Figure 10 Schileren Photography of an
Controfled Oblique Shock Impingement.
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Figure 11 Schematic of shock-wave
structure (Porous Wall).
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Surface porosity is also observed to extend the
length of the interaction region as compared 1o the
baseline (0% porosity) surface. The length of the inter-
action region is defined as the distance from the initial
pressure rise to where the surface pressure distribution
sharply decreases due to the shock-generator expansion
fan. Figure 9 shows that the initial porous surface pres-
sure rise originates well upstream of the baseline pres-
sure increase. This increase in the interaction length
is confirmed by the Schlieren photographs, provided in
Figures 8 and 10. The spreading of the interaction re-
gion acts to reduce the velocity and pressure gradients
through the oblique shock wave. In addition, the heat
transfer rates at the base of the shock are most likely re-
duced. However, further measarements are required to
confirm this decrease in the localized heat transfer rate,

The passive “injection” of fluid upstream of the
shock impingement separates the boundary-layer, pro-
ducing a rapid pressure rise. It is important to note
that the fluid is “injected” normal to the surface of the
flat plate and therefore, reduces the near-wall momen-
tum, Improvements in separation suppression might be
achieved by employing sireamwise tangential injection,

More detailed measurements, such as boundary-
layer surveys downstream of the shock/boundary-layer
interaction, are required to properly evaluate the effect
of passive control methods on the losses associated with
an ingident oblique shock wave,

Longitudinal, Transverse, and
Swept Grooved Surfaces

The final phase of the experimental investiga-
tion examined the effects of surface grooving on the
shock/boundary-layer separation. Three groove orien-
tations with respect to the free-stream direction were
evaluated; longitudinal, transverse, and swept. The ef-
fects of 0.10 inch and 0.05 inch spacings between the
grooves were also investigated.

Figures 12-15 compare the baseline (solid surface)
and the different grooved surface pressure distributions
at a flow deflection angle of 12.5°. The wall static
pressuee (Pyw) is normalized by the free-stream pressure
(P~o} and plotted
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Figure 12 Comparison of Transverse Grooved Insert
Plates at a Flow Deflection Angle of 12.5°
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Figure 13 Comparison of swept grooved insert
plates at a flow deflection angle of 12.5°.
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against a non-dimensionalized flat-plate length.

Surface pressure distributions for the transverse
grooves are provided in Figure 12, The effect of a 0.10
inch (wide) and 0.05 inch (narrow) spacing between
the grooves is examined. Initially, the transverse data
closely agree with the baseline pressure measurements.
Downstream of the shock impingement location, how-
ever, the surface pressure rises to a peak value approx-
imately 10% greater than that recorded for the baseline
case. The two different groove widths tested have little
to no effect on the surface pressure distribution.

Results from the swept groove configurations are
presented in Figure 13. The grooves are positioned
at alternating sweep angles of —20° and +20°, with
respect to the free-stream direction, Groove widths of
0.094 inches and 0.047 inches are also examined (see
figure 3). The results indicate that the swept grooves,
regardless of their width, produce a substantial increase
(~15%) in the pressure value measured near the base
of the shock. Once again, the two groove widths have
a negligible impact on the surface pressure distribution.
This result is consistent with the data acquired for the
transverse grooves.

The influence of the longitudinal grooves on the
flat-plate static pressure distribution is shown in Fig-
ure 14. Groove widths of (.10 inches and 0.05 inches
are evaluated at a flow deflection angle of 12.5%. The
grooved data exhibit an initial pressure rise two to three
boundary-layer thicknesses upstream of the reference
curve, This pressure increase is qualitatively similar
to the porous cavity results observed in the previous
section. The longitudinal grooves provide a narrow
channel through which fluid downstream of the shock
may communicate with fluid upstream of the shock.
The grooves act to extend the length of the stream-
wise interaction region. The peak pressure recorded
downstream of the shock-induced separation is slightly
lower than that measured for either the transverse and
swept grooves, but still higher than that obtained for
the reference case. The combination of a higher peak
pressure and an increase in the streamwise interaction
length suggests that the grooved surfaces decrease the
overall performance. Momentum surveys near the in-
teraction region would be required to verify this initial
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finding.

Research conducted at subsonic speeds indicated
that the cffectiveness of the grooved surfaces could be
attributed to three factors: (1) the grooves shed vortic-
ity which energized the boundary layer, {2) they acted
as a laminar boundary layer trip mechanism and (3)
they broke up the larger separated region into smaller
separated regions performing a function similar to a
roller bearing. In the current investigation, the poor
performance of the grooved surfaces is related to the
absence of two of the three aforementioned separation
suppression mechanisms.

The second separation suppression mechanism is
not applicable since the flat-plate boundary layer is
fully turbulent prior to encountering the grooved sur-
face. The boundary layer transitions from laminar
to turbulent flow at the critical Reynolds number of
Rope = (Y=2)_ . ~ 3.2010%. At the specified
wind-tunnel conditions (Re/ft=15.175X10°) the bound-
ary layer becomes turbulent immediately downstream
of the flat-plate leading edge.

For the cavity depth-to-width ratios tested the third
mechanism appears 1o have increased the pressure rise
through the oblique shock system. This result is consis-
tent with observations made by Lin'*! which led him
to define a critical aspect ratio (a/b) for transition from
a closed to an open cavity. Open cavity (a/b>1) flows
are characterized by a reattachment at or beyond the
rear wall of the cavity. Closed (a/b<1} cavity flows
are characterized by a reattachment along the floor of
the cavity and an increase in the viscous losses. All of
the grooved surfaces investigated had an aspect ratio
of 1.0, better results might have been achieved if this
aspect ratio were increased.

Computational Results

Shock-Induced Separation of a
Flat-Plate Boundary Layer

Comparisons were made between the computed
solutions and the experimental results for a shock-
generator angle of 12.5°. The angle selected was of
sufficient strength to produce large regions of sepatated
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flow. The nominal test conditions for this investigation
were Moo=6.0, T,,=adiabatic, and Re=15x10° per foot.
The glgebraic turbulence medel, proposed by Baldwin
and Lomax'"), was used to close the system of equa-
tions.

Features of this high-speed, compressible flow
were investigated using the computational grid depicted
in Figure 16. The 2-D, rectangular grid has a mesh
density of 100x150. Adequate resolution of the viscous
interactions required that the grid be refined near the
surface of the flat plate. Therefore, the grid points
were clastered in the normal (z) direction, while the
grid spacing in the tangential (x) direction remained
uniform.

Computational results from a grid refinement study
are presented in figure 17, Surface pressure distribu-
tions acquired in the Mach 6 High Reynolds Number
Tunnel are compared to the computed results for three
different mesh densities (34x81, 51x81, and 100x150).
The pressure at the wall (Pw) is normalized by the free-
stream static pressure (Poo), and then plotied against a
non-dimensionalized reference length (X/X). The ini-
tial grid density is far 100 coarse to sufficiently resolve
the experimentally observed pressure rise. The second
and third mesh densities more closely agree with the
experimental data, except near the separation region.

Comparison of Streamwise Pressure Distributions
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Figure 16 Comparison of computational and
experimental wall pressure distributions.
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Conclusions & Recommendations

An investigation into the effect of passive control
methods at high speeds and high Reynolds numbers has
been conducted. The following conclusions may be
drawn from the ¢xperimental and computational data:

(1) Porous surface inserts noticeably diminished
the pressure gradients in the interaction region. The
surface with the highest porosity produced the greatest
reduction in the pressure rise measured trough the
shock.

(2) Schlieren photography showed that porous sur-
face mass transfer produced compression waves which
served to weaken the primary shock system.

(3) Porous surfaces were found to decrease the
peak pressure, but extend the length of the separated
region in the streamwise direction.

{4) Although the grooved insert plates have proven
effective at lower speeds in other investigations, they
had an unfavorable effect on the shock-induced sepa-
ration of a hypersonic boundary layer. Significant in-
creases in the peak pressure were observed for each of
the different groove orientations and groove spacings.

(5) Computational results from a two-dimensional
Navier-Stokes code were found to be in good agree-
ment with the experimental data. Closer agreement be-
tween the two solutions might be achieved by extend-
ing the solution to three-dimensions and/or employing a
turbulence model more suited to highly separated flows.

The next logical step would be to computation-
ally model the turbulent flow over a twe -dimensional
rectangular cavity with surface porosity. The results
from these computations should provide valuable in-
formation about the physics of the flow. In addition,
a parametric study should be conducted to address the
influence of several factors including the degree of sur-
face porosity, and the location of the rectangular cavity.

It is also suggested that more detailed measure-
ments be acquired to access the viscous losses associ-
ated with the shock/boundary-layer interaction.
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